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FOREWORD

The papers presented in this report represent the classified portion of the Second Manned
Space Flight Meeting which wes held in Dellas, Texas, on April 22-24, 1963. The meeting was co-
sponsored by the American Institute of Aeronautics and Astronautics and the National Aeronautics
and Space Administration. The following subJects are discussed in the report: Manned Space
Flight Programs, Launch Vehciles, Spacecraft Design, and Guidance and Control.
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GEMINI DESIGN FEATURES

William J. Blatz
Senior Project Engineer, Gemini
McDonnell Aircraft Corporation

The Gemini program, which was initiated by the
NASA approximately 16 months ago, is being imple-
mented by the McDonnell Aircraft Corporation as the
next logical step in the nation's manned spacecraft
program. The underlying concept of the Gemini de=-
sign is to utilize the Project Mercury background to
the fullest possible extent as a stepping stone to a
practical operational spacecraft. The key word here
is "operational." Project Mercury's basic objective
was simply to put man in space and bring him safely
back. Gemini, in contrast, aims at exploring and
exploiting men's ability to function in space and to
develop truly operational systems and techniques
applicable to a variety of missionms. Retention of
the basic Mercury aerodynamic configuration and re-
entry heat protection concepts has permitted devel~
opment to proceed with a minimum of costly and time-
consuming flight demonstration testing. This has
allowed emphesis to be placed upon development of
the various spacecraft systems. It is in the latter
area that the real advances of Gemini over Mercury
are evident.

Before going on to a more detailed description
of the spacecraft and its systems, it might be well
to first examine the Gemini mission objectives and
consider how they have influenced the spacecraft de-
sign. Quoting from the Gemini contract:

"The objective of this contract is the research
and development of a versatile general purpose
spacecraft for the accomplishment of space missions
of increasing complexity.

"Specific objectives are: (not in order of im-
portance)

a. Fourteen-day earth orbital flights.

b. Controlled land landing as primary recovery
mode,

c. Demonstrate rendezvous and docking with a
target vehicle in earth orbit as an oper-
ational technique.

d. Develop simplified spacecraft countdown
techniques and procedures for accomplish-
ing the rendezvous mission which are com-
patible with spacecraft launch vehicle and
target vehicle performance.

e. Determine men's performance capabilities
in a space enviromment during extended
missions."

Additional msjor design considerations were
the designation of the Titan II as a launch ve-
hicle, the selection of the Agens as & rendezvous
and docking target vehicle, and the requirement for
a two-man crew.

Fach of the stated mission objectives repre-
sents a significant step forward, and each dictates
specific design requirements beyond those imposed
by the Mercury mission. In Teble 1, an attempt is
made to categorize according to mission objective
the many Gemini subsystems and design features
which are new or significantly improved over cor-
responding features in the Mercury spacecraft.

Consider first the lli-day mission. This re-
quires an order of magnitude improvement in mean-
time-before-failure in many areas to achieve com-
parable mission reliability to the Mercury program.
Added electrical energy requirements have dictated
the selection of a fuel cell system for power while
in orbit. Cryogenic storage of hydrogen and oxygen
fuel cell reactants and breathing oxygen are used
to conserve weight and volume. Heat generated by
equipment and crew is rejected to space by a radi-
ator using & liquid coolant which is circulated
through cold plates and heat exchangers in place of
the water boiling technique used for the shorter
Mercury missions. Pulse code modulated telemetry
gives the high data transmission rates needed to
dump the stored information during the limited time
over ground tracking stations. Due to the bulk of
expendable supplies, the adapter between the launch
vehicle and the spacecraft re-entry module is util-
jzed as an equipment compartment and is retained
with the spacecraft in orbit. It is jettisoned
just prior to re-entry in contrast to the Mercury
procedure of leaving the adapter attached to the
launch vehicle.

Achievement of the second objective of a con-
trolled land landing at a pre-selected point in-
volves control of both the re-entry trajectory and
the final touchdown maneuvers. By offsetting the
center of gravity of the re-entry module approxi-
mately 1.75 inches from the longitudinal center
line, an aerodynamic lift-to-drag ratio of approxi-
mately .22 is generated. The resulting 1lift vector
is directed as needed to modulate the re-entry
trajectory by controlling the roll attitude of the
spacecraft. The roll attitude is adjusted in
response to error signals generated by an on-board
inertial guidance system consisting primerily of an
inertial measuring unit and & general purpose
digital computer. The inertial guidance system
also performs orbit navigation functions to keep
track of present position and compute the proper
retrograde time to allow touchdown at any pre-
selected site within the maneuvering capability of
the vehicle. A digital command receiver permits
periodic up-dating from ground tracking stationms.
Controlled landing is accomplished by means of a
paraglider with £inal touchdown on a 3-skid landing
gear., Ejection seats are provided as a backup for
the paraglider. They also serve as & crew escape
system during the early portion of the launch and
pre-launch mission phases.




The third mission objective is to rendezvous
and then to dock with an Agena target vehicle.
Target bearing, range, and range rate is detected
by a rendezvous radar system installed on the nose
of the spacecraft. An orbit attitude and maneuver-
ing propulsion system (OAMS) utilizing hypergolic
storable propellants is installed in the adapter
module and permits three axis attitude and trans-
lation control. The previously mentioned inertial
guidance system platform and computer units are
utilized to convert the radar outputs into dis-
played thrust and attitude commands which enable
the crew to accomplish the rendezvous maneuvers.
The digital command system is used to receive
ground commands to enable the crew to maneuver to
within radar range of the target. Docking latches
mounted in the nose of the spacecraft are utilized
in conjunction with a docking adapter mounted on
the target vehicle to accomplish the final docking
operation. Storage of the propellants and thrust-
ers again dictates use of the adapter as an equip-
ment bay.

The fourth mission objective, accomplishment
of simplified countdown techniques, has signifi-
cantly affected the design of the spacecraft. A
number of the major subsystems such as the radar,
re-entry attitude control system, paraglider instal=-
lation, fuel cell and reactant system, cooling pump
package, environmental control system, and maneuver-
ing propellant system, have been built into separate
subassemblies. This modular concept allows systems
to be checked out on the bench and quickly installed
in the spacecraft. All of the electrical and elec-
tronics'equipment in the re-entry module is in-
stalled in equipment bays easily accessible through
doors in the outer mold line of the spacecraft.
Test points are built into all systems with neces=-
sary leads brought to conveniently accessible
connectors for tie-in to test equipment. Automatic
checkout equipment is provided for rapid countdown
operation, and all Aerospace Ground Equipment has
been carefully integrated with the spacecraft and
launch pad systems.

The final objective of establishing man's per-
formance capabilities during extended periods in
orbital rlight has led to the basic concept of on-
board mission command. Decisions and control capa-
bility are crew functions. The crew makes such de-
cisions as to when to abort, when to initiate
rendezvous and retrograde maneuvers, with the
ground complex serving in a monitoring and advisory
capacity. Attitude and translation maneuvers are
manually controlled. All on-board systems are
monitored and operated by the crew. The space
suits have been designed such that helmets, arms,
and legs may be removed to approximate a shirt-
sleeve operating condition. Provisions have been
made in the hatches and the pressurization system
to allow egress from the cabin into space when
properly suited.

This concludes the roll call of new features
introduced by the specific Gemini mission objec-
tives. To this list can be added those items which
have direct counterparts in the Mercury spacecraft.
These include the basic aerodynamics shape and re-
entry heat protection concepts, the life support

system utilizing a 5 psia oxygen atmosphere, UHF
and HF volce communications, S-Band and C-Band
tracking beacons, solid propellant retrograde
rockets, re-entry module attitude control thruster
system, silver zinc batteries for re-entry and
post-landing electrical power, and various recovery
aids.

The remaining portion of this paper will dis-
cuss the integration of the foregoing features into
the Gemini spacecraft design and will present a
more detailed description of some of the major
systems.

The full scale mockup photograph in Figure 1
serves to relate the overall size of the spacecraft
to the crewmen standing alongside. Worthy of note
in this view are the inset individual windshields
for the pilot and crewmen. In Figure 2, the mock-
up is arranged to illustrate the division points
between the mejor structural assemblies. At the
right of the photograph is a 5-foot diameter target
docking adapter which is supplied by McDonnell and
is bolted to the Lockheed Agena target vehicle.
Next in line is the re-entry module. It consists
of a conical cabin section housing the crew and
most of the environmental control and electronics
equipment, surmounted by a cylindrical section con-
taining the re-entry attitude control thrusters to
which 1s attached the rendezvous and re-entry
section in which the paraglider rendezvous radar
and docking provisions are stowed. The spherical
surface of the ablative heat shield forms the base
of the re-entry module. The overall length of the
re-entry module is 144 inches, and its maximum
dismeter is 90 inches. For reference, correspond-
ing Mercury dimensions are 90 inches and Th.5
inches, respectively. The adapter shown here in
two sections is actually built as a single struct-
ural unit and severed during the course of the
mission into the two parts illustrated. The com-
plete adapter is 90 inches long and tapers from the
120-inch Titan II diameter at one end to the 90-inch
re-entry module base diameter at the other. The
part adjacent to the re-entry module, termed the
retrograde section, contains the four solid pro-
pellant retrograde rocket motors. The equipment
section houses the fuel cells and reactants, OAMS
propellants, coolant circulating pumps, and miscel-
laneous electronics and instrumentation equipment.
The equipment section is Jjettisoned just prior to
the retrograde maneuver by severing the structure at
the point shown in the photograph by means of a
flexible linear shaped charge. A similar shaped
charge at the 120-inch diameter base of the adapter
is used to disconnect the spacecraft from the launch
vehicle after insertion into orbit. Attachment of
the adapter to the re-entry module is by 3 steel
straps spaced about the periphery of the re-entry
module. These straps, along with wiring and tubing,
are cut simultaneously by shaped charges when the
retrograde section is jettisoned.

Figure 3 shows the interior arrangement of the
spacecraft. The crewmen sit side by side but with
each seat canted outboard 12°. This eliminates any
chance of contact during simultaneous seat ejection
and also conserves space for equipment. The
pressurized cabin area houses the crew and their
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directly associsted equipment and supplies, such as
food, water, and waste provisions, environmental
control system, displays, and crew-operated con=-
trols. All other equipment needed for re-entry and
post-landing is housed in the re-entry module in
equipment bays which are outside the pressurized
cabin. The mejor electrical and electronic bays
are on either side of the cabin and are accessible
through removable doors in the outer mold line. A
third bey is located under the floor. The equip-
ment in these compartments is so arranged that each
unit may be removed and replaced without disturbing
any other.

Equipment and supplies which are not needed
for re-entry and post-landing phases of the mission
are stowed in the jettisonable adapter. This re-
sults in a first-order reduction in the weight and
size of the re-entry module, plus a second-order
reduction in the weight and size of such items as
retrograde rockets, heat protection, paraglider,
and landing gear which are involved in recovery of
the spacecraft from orbit.

As noted earlier, the modular concept has been
adopted in a number of areas to facilitate fabri-
cation as well as to expedite checkout and mainten-
ance. The extent to which this principle has been
applied is illustrated in Figure 4. 1In the re-
entry module, the radar is installed as a unit in
the nose of the rendezvous and radar section which,
in turn, is installed as a module complete with the
paraglider wing. The paraglider inflation bottle
and fittings, along with its forward cable reel
assemblies, are mounted on the nose landing gear,
and the entire assembly is installed as & unit. The
re-entry attitude control system is completely con-
tained in a cylindrical module which bolts on to
the front end of the cabin section. This module
includes propellant and pressurization tanks,
pressure regulators, valves, and thrust chamber
assemblies. The greater part of the environmental
control system is installed in a single unit
through an access door beneath the crewmen's seats.
It contains the cabin and sult atmospheric circu-
lating fans, carbon dioxide and water removal
systems, oxygen pressure regulators, and verious
control valves.

The primary breathing oxygen supply is in a
separate module; the fuel cell assemblies, com-
plete with cryogenic reactant supply system and all
related controls are in another. A third module
accounts for the orbit attitude control and
maneuver propellant tanks, along with their associ-
ated pressurization valves and regulators. The
coolant pumps and hest exchangers for the environ-
mental control system cooling loop are mounted in
a fourth unit, and all of the electronics equipment
stowed in the adapter is mounted on a fifth unit.
The retrorockets are installed individually in the
retrograde section.

In the adapter, particularly, the modular
arrangement provides for mission flexibility.
Except for the outer adapter shell and supporting
beams for the retrorockets, all of the structural
supports for the tankage and equipment are con-
tained within the modules. Two interchangeable

versions of the propulsion, fuel cell, and breath-
ing oxygen modules, differing only in tankage
capacity, are being built to allow for the differ-
ent requirements of the lli-day mission and the 2-day
rendezvous mission. As mission requirements change
during the course of the program, it will be pos-
sible to modify the various modules as needed with
a minimum of change to the basic spacecraft.

Structure and Heat Protection. TFigure 5 shows
the basic structural arrangement of the re-entry
module. The design concept is to provide a basic
loed-carrying structure of titanium which is pro-
tected from the heat of re-entry by an outer sheath
of high temperature material. The pressurized
cabin wells are of a double layer of .010 inch
titanium, reinforced by stiffeners and by the
equipment shelves as shown. The cylindrical re-
entry control module is bolted to a ring at the
small end of the conical cabin section with 9
attachment bolts. The ablation shield is fastened
to a ring at the opposite end of the cabin section.
The jettisonable rendezvous and recovery section is
fastened to the re-entry control module by a ring
of bolts whose heads are blown off by a mild deton-
ating fuse assembly to deploy the paraglider.

The main landing gear skids fold into two
longitudinal bays which extend the length of the
conical section immediately below the equipment
bays on either side of the cabin. The main gear
struts extend outward and downward under the action
of a pyrotechnic actuator. Forged fittings trans-
mit the trunnion loads into the cabin walls and the
aft bulkhead. The landing gear doors are bolted on
and are jettisoned pyrotechnically in a similar
manner to the rendezvous and re-entry section. The
nose landing skid is attached to the forward face
of the re-entry control section and, when retracted,
is covered by the rendezvous and re-entry canister.
The heat shield which covers the face of the re-
entry module consists of a fiber glass honeycomb
structural dome which supports the ablative facing
material. A typical section through the heat
shield is shown in Figure 6. The DC-325 ablative
material is a McDonnell-developed silicon elastomer
now commerciaslly available from Dow Corning. It
has excellent ablative characteristics particularly
with respect to the char layer formed during ab-
lation, is stable in a vacuum, and is able to withe
stand the temperature ranges encountered in the
space environment. It 1s retained in the open face
cells of fiber glass honeycomb which is bonded to
the structural dome. A Fiberite (MX 2625) ring is
used around the outer edge of the heat shield where
extra bearing strength is needed to withstand the
launch loeds transmitted from the adapter. This
ablative heat shield concept represents a signifi-
cant design improvement over the Mercury heat shield
which utilized a phenolic resin impregnated, lam-
inated fiber glass cloth ablative layer. Weight of
the Gemini shield 1s 317 lbs. as compared to 303
1bs. for the Mercury shield — an increase of only
4.1/2% in spite of a 48% increase in area, & 25%
increase in the ballistic loading parameter W/CDA,
and & 90% increase in the design total heating
per square foot due to the more critical lifting
re-entry required by the Gemini spacecraft.



The afterbody heat protection used on Gemini
is almost identical to that proven on the Mercury
spacecraft. As shown in Figure 7, high temperature
Rene 41 shingles .016" thick are used over the
conical section. Withstanding temperatures of up
to 1800°F, these shingles achieve a thermal balance
by radiation to the atmosphere. The shingles are
attached to the basic structure using bolts and
washers through oversized holes to allow for therm-
al expansion. Small blocks of Min-K insulation are
used at the support points, and a layer of Thermo-
flex Insulation is used between supports to keep
substructural temperatures within limits. Over the
cylindrical sections of the afterbody, heating rates
are too high for efficient radiation cooling and,
therefore, a heat sink principle is utilized. Beryl-
lium shingles .24 inches thick on the windward side
and .09 inches thick on the leeward side are in-
stalled over this area. Again, provisions for
thermal expansion are included.

As a matter of interest, the heat distribution
pattern over the afterbody, based upon wind tunnel
model data at a Mach number of 10 and an angle of
attack of 20°, is shown in Figure 8. The isotherms
shown represent constant values of the ratio of the
local to the stagnation heat transfer coefficients,
where

h = al
local T -T
oW
st
h - 28
stag 'I‘O-Tw
9, = local heat transfer rate
qstag = stagnation point heat transfer rate
To = free stream stagnation temperature
T = wall temperature at point considered

The more critical conditions on the cylindrical
section are apparent.

The adapter structure illustrated in Figure 9
consists of a cylindrical shell of HK-31 magnesium
skin .032" thick, stiffened by longitudinal
stringers of HM-31 magnesium with stabilizing alu-
minum rings at several locations. As previously
mentioned, the only other structural elements in
the basic adapter are the retrorocket support beams
shown in the Figure. Magnesium is utilized as the
basic structural material in order to withstand
launch temperatures of up to 600°F without further
protection. A unique feature of the adapter, shown
in the sectional view, is the manner in which the
entire outer surface is used as a space radiator.
The environmental control system coolant is circu-
lated through .25" tubes whieh are extruded inte-
grally with the longitudinal structural stringers.
Fifty foot long extrusions are doubled back and
forth to form redundant cooclant loops with a mini-
mum of connections. This arrangement not only
saves weight, but results in a superior design from
the meteoroid puncture standpoint, since the cool-
ant tubes are protected both by the outer skin and
the legs of the extrusions.

Environmental Control System. As noted in
Figure 10, the basic concepts of the Gemini environ-
mental control system are similar to those of
Mercury. Points of similarity include the use of
a 5 psia pure oxygen atmosphere, use of a space
suit to back up the pressurized cabin, CO, removal
by lithium hydroxide. Two significant departures
from the Mercury system are incorporated in Gemini.
These are the use of cryogenic rather than gaseous
storage for primary oxygen, and the use of a cool-
ant fluid and space radiator as the primary means
of heat removal rather than water boiling.

With the exception of the radiator, the en-
virommental control system is supplied by the
AiResearch Division of the Garrett Corporation.
AiResearch also supplied the Mercury system, and is
thus able to draw upon this back-log of experience.

The suit and cabin are pressurized with oxygen
supplied from either the primary cryogenic source
or a secondary gaseous supply. The secondary
supply is stored at 5,000 psi in two 7-1b. capacity
bottles in the re-entry module, and serves both as
an emergency supply in orbit and as a normal supply
during re-entry. Either of the two bottles will
permit at least one full orbit plus re-entry. The
cryogenic supply, stored in the adapter, contains
up to 104 1bs. of super-critical oxygen.

The suit compressors circulate the oxygen
through an odor and CO, adsorber, a heat exchanger,
a water absorber, the pressure suits, and a solids
trap. In the event the primary compressor becomes
incapable of maintaining the required circulation
rate, a second redundant compressor is activated.

A cabin fan circulates the cabin atmosphere through
a second heat exchanger.

A silicon ester coolant, Monsanto MCS 198, is
elrculated through the cabin and suit heat ex-
changers, equipment cold plates, fuel cells, and
finally the space radiator to remove the heat ab-
sorbed. The coolant loop is completely redundant,
and two pumps are provided in each loop. Normally,
only one pump in one loop is required; however, for
peak electrical and solar load conditions, two
pumps in one loop, or one pump in each loop, are
turned on. During launch, aerodynamic heating
raises the temperature of the adapter surface to
the point where the radiator is ineffective.
Therefore, it is by-passed and the coolant is cir-
culated through a water boiler during this phase of
the mission. Approximately 30 minutes are required
after launch for the radiator to cool back down.
The total water requirement for this operation is
less than 10 1bs.

The cabin is equipped with a dump valve to
effect depressurization, and a high flow rate re-
pressurization valve. These, coupled with the
single point hatch unlatching mechanism, provide
for egress experiments in space. NASA is currently
developing the necessary portable life support kit
for this application.

Electrical System. A block diagram of the

electrical system is shown in Figure 11. Primary
electrical power during launch and orbit phases of
the mission is supplied from a hydrogen-oxygen fuel
cell battery stowed in the adapter. This unit,
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currently under development by the General Electric
Company, is of the ion exchange membrane type.
Actually, the installation in Gemini consists of
two separate, identical packages — or sections, as
they are called — each of which has redundant
coolant loops, its own reactant control valves,
electrical controls, and instrumentation. Each
section is made up of three stacks of 32 individual
cells. Bach stack has a rated output of 350 watts
at 23.3 volts for a total rated power of 2100
watts. No load voltage is 28 volts. It is possi-
ble to shut down any single stack in the event a
malfunction is detected. Peak power requirements
for presently pleanned missions can be met by the
fuel cell battery even with one stack inoperative.

The cryogenic hydrogen and oxygen reactant
storage and regulation system is supplied by the
AiResearch Division of the Garrett Corporation. As
in the case of the breathing oxygen, two sizes of
tanks are being developed with usage depending upon
the mission length.

For retrograde, re-entry, and post-landing
phases of the mission — which occur subsequent to
Jettisoning of the equipment adapter — power is
supplied from a bank of four 16-cell silver zinc
batteries rated at 40 amp hours each. These bat-
teries are tied into the same main bus as the fuel
cells, and serve as an emergency orbital power
supply in case of a fuel cell failure. In the
event of a partial fuel cell failure, the silver
zinc batteries may be used to augment the fuel
cells during the few hours when pesk power is re-
quired. This will permit successful completion of
the mission even if one complete section is lost.
In the event of complete fuel cell system failure,
the batteries will provide for at least one orbit
followed by a normal re-entry and a minimum of 12
hours post-landing equipment operation.

A second battery system consisting of three
15 ampere-hour 16-cell silver zinc batteries is
provided in the re-entry module to power pyro-
technic devices and various control relays and
solenoids. Isolation of these systems from the
main bus prevents feedback of voltage spikes,
resulting from such devices, into eritical elec-
tronics equipment. This design resulis from
Mercury experience where such "glitches" proved to
be a troublesome nuisance. As shown in the block
diagram, diodes are used to isolate the two pyro-
technic squib batteries from each other so that
complete redundancy in pyrotechnic systems is
carried all the way back to the power source.

Another deviation from Mercury practice is
the provision of individual inverters for each of
the several AC powered devices such as the control
system electronics, inertial guidance system, suit
and cabin fans, and coolant pumps. This allows
electrical characteristics of each inverter to be
metched in its particuler application. Off design
operation with resulting penalties in conversion
efficiency is thereby minimized.

Attitude and Maneuver Propulsion Systems. A
total of 32 bi-propellant liquid rocket thrust
chambers are used for controlling attitude and
maneuvering the Gemini spacecraft. Thrust chamber
sizes and locations are shown in Figure 12. As
shown in the left-hand sketch, three independent
attitude control systems are provided. Each con-
sists of eight 25-1b. thrust units arranged to fire
in parellel pairs for yaw and pitch control or,
differentially, for roll. Two of the systems are
packaged in the cylindrical re-entry control system
module at the forward end of the cabin section.
Each of these systems has its own propellant and
pressurization tankage, valves, and lines. These
re-entry control systems, referred to as the RCS,
are utilized only during the retrograde and re-
entry portions of the mission. They are made
redundant since they are considered essential to
crew safety.

The third ring of attitude control thrusters
is used during the orbital portion of the mission
and 1s located at the rear of the adapter module.
The eight maneuvering thrusters are arranged as
shown in the right-hand sketch. Four 100-1b.
wits are directed through the center of gravity
to provide for lateral and vertical impulses. A
pair of aft-facing 100-1b. thrusters at the base
of the equipment adapter section provides forward
impulse. A pair of 85-1b. units facing forward
and canted slightly outboard, mounted on either
side of the adapter close to the re-entry module
attachment station, provides reverse thrust.

The adapter-mounted orbit attitude and maneu-
ver propulsion systems, generally referred to as
the OAMS, share a common propellant supply. The
OAMS thruster arrangement permits attitude and ma-
neuver control in the event of the loss of any
single thruster. Complete redundancy is not pro-
vided because mission safety is not directly
involved, and because of the high weight penalties
required to meke a truly redundant system. As
indicated in the typical section view in Figure 12,
the thrust chambers are ablatively cooled with
ceramic inserts at the throat section. Separate
valves are provided for fuel and oxidizer.

Propellants for both the RCS and OAMS systems
are nitrogen tetroxide (N2Ou) oxidizer and mono-

methyl hydrazine (NZI%CH}) fuel, and are pressure

fed to the thrust chambers from bladder type tanks.
Propellant capacity is 35 1lbs. for each of the two
RCS systems. This is sufficient to accomplish
retrograde and re-entry with either system. Maxi-
mum propellant capacity of the OAMS tanks is
approximately 700 1bs. This is sufficient to pro-
vide attitude control throughout a rendezvous
mission plus & TOO foot/second maneuvering velocity
increment, For the non-rendezvous, long duration
mission, smaller OAMS tanks are used to save weight
and allow extra oxygen and fuel cell reactants to
be carried.



The RCS and OAMS thrust chambers and propel-
lant systems are being supplied to McDonnell by
the Rocketdyne Division of North American Aviation.

Guidance and Control Electronics. A detailed
description of the Gemini guidance and control
system and its operation is beyond the scope of
this report. A series of reports could be, and in
fact has been, written on this phase of the space-
craft design. Therefore, only a brief description
of the system and its components, along with a very
cursory review of its functions, will be attempted.

Figure 1% presents a very simplified block
diagram of the guidance and control system. Pilot
inputs are made through either the attitude control
or the maneuver control handle. These are proc-
essed through the attitude control and maneuver
electronics (ACME) which contains the logic cir-
cuitry needed to select the proper thruster valves.
Resulting spacecraft dynamics are sensed by rate
gyros, by the horizon scanners and inertial measur-
ing unit of the inertial guidance system and, in
the case of motion with respect to the target, by
the rendezvous radar. Outputs from the sensing
units are fed either directly or through the com-
puter to the several displays to command pilot
action. Depending upon the particular control mode
selected, outputs from the sensors may also be fed
directly into the ACME to provide automatic or
mixed control modes. In the case of re-entry atti-
tude control, a direct mode exists in which control
signals may be fed directly from the control handle
into the thruster chamber solenoid valves.

Responsibility for the overall concept, defi-
nition and final integration of the guidance and
control system into the spacecraft rests with
McDonnell. Component suppliers include Minneapolis-
Honeywell, Minneapolis, for the ACME and rate gyro
systems; Minneapolis-Honeywell, St. Petersburg, for
the inertial measuring unit; International Business
Machine Corporation for the computer and AV indi-
cator; Advanced Technology Iaboratories for the
horizon sensors; Westinghouse for the radar and
range rate display; Lear-Siegler for the attitude
and rate indicator; and Rocketdyne for the thruster
system. IBM also has responsibility for integra-
tion of the overall inertial guidance system and for
analytical studies in areas of mission planning
associated with computer progreming.

Although not shown on the diagram, a number of
redundancies exist in the system. For example,
crew selectable backup units are provided for the
horizon scanner, rate gyros, and attitude control
electronics. As previously discussed, redundant
re-entry attitude control thrusters are available
and redundant control signals are provided to them
from the control handle.

The pilot has available three different manual
attitude control modes: rate command, single pulse,
and direct; and two sutomatic modes: orbital and
re-entry. The rate command mode provides a space-
craft angular rate which is proportional to the
control hendle deflection. This mode is the pri-
mary attitude control mode used during maneuvers.
With the control handle centered in this mode,

angular rates about all three axes are damped to
less than .1° per second. Since .1° per second is
equal to the angular rate of the large hand on a
clock, this mode is equivalent — for short time
periods, at least — to an attitude hold mode. The
single pulse mode is one in which a single minimum
duration thruster pulse results each time the con-
trol handle is deflected from neutral. It is used
for precise attitude control; for example, when
preparing to align the inertial platform, or for
making minor adjustments to angular rates during
extended orbital flight. The direct or fly-by-
wire mode, as previously noted, is essentially a
backup method of operating the thrusters and re-
sults in a constant angular acceleration any time
the control handle is deflected.

The automatic orbital attitude control mode is
a coarse slaving of the spacecraft attitude to the
vertical as detected by the horizon scanner. It
holds roll and pitch attitude to within approxi-
mately 5° during extended periods of orbital flight
without the need for operation of the complete
inertial guidance and associated electronics sys-
tems. Since no yaw reference is available in this
mode, yaw attitude is manually controlled by the
pilot using the single pulse mode for control and
visual observation of the ground as a reference.
The automatic re-entry attitude control mode pro-
vides rate damping in pitch and yaw about the aero-
dynamic trim point of the spacecraft, and roll
attitude control in response to error signals from
the inertial guidance system.

Only one mode of translation thruster control
is provided. This is a manual direct control mode
in which thrusters are simply turned on or off by
motion of the maneuver handle.

The heart of the guldance and control system
is the inertial guidance system. As noted earlier
in this report, it is basically required to perform
the mission objectives of rendezvous and controlled
re-entry. However, as shown in Figure 15, its
versatility has been exploited to perform a number
of other important mission functions. A most sig-
nificant one is backup for the basic radio guidance
used for the Titan IT launch vehicle. Although not
indicated on the block diagram, error signals from
the iuertial guidance system may be fed to the
launch vehicle autopilot to control its engine
gimbal actuators. Another function to be pro-
gramed in the computer is a launch abort naviga-
tion mode which will enable touchdown from launch
abort to be made at pre-selected points. Orbital
navigation which is essentially keeping track of
present position in orbit may also be accomplished.
This program is carried a step further to allow
calculation of the retrograde time required to
touch down at any pre-selected point within the
maneuver capability of the spacecraft in the event
of an abort from orbit. Rendezvous maneuver com-
mands are generated with the aid of the rendezvous
tracking and ranging radar. The re-entry control
program generates the error signals necessary to
accomplish roll attitude control during re-entry.

One of the major objectives

Docki stem.




of the Gemini spacecraft program is to actuslly
dock with the target vehicle. The docking and
latching procedure is shown in Figure 16. A target
docking adapter (TDA) supplied by McDonnell bolts
on to the upper equipment bey of the Agens target
vehicle. This adepter contains a radar transponder
which operates in conjunction with the spacecraft
rendezvous radar, flashing lights for visual target
acquisition, and a docking cone. The latter is a
funnel-shaped assembly supported by shock absorbers
vhich damp out impact loads and prevent rebound. A
V-shaped slot in the cone mates with an indexing
bar on the spacecraft to align the two vehicles.
This permits three latches in the cone to engage
fittings in the nose of the spacecraft. The cone
is then retracted and locked tight to rigidize the
connection between the Gemini and the Agena. The
process is reversed to separate the two vehicles.
The latching fittings on the spacecraft may be
blown free by pyrotechnic charges as a backup means
of separation.

The Gemini crew can command the Agena attitude
and propulsion systems as well as the docking
mechanism by an RF link either before or after dock-
ing. Just prior to final docking and while attached
to the Agena, the status of the target vehicle is
ascertained from displays mounted above the docking
ring (not shown in the sketch).

Landing System. The paraglider is the only
major Gemini system being provided as government-

furnished equipment to McDonnell. It is being
developed under a separate contract to NASA-MSC by
North American's Space and Missile Systems Division.
Detailed design insofar as installation in the
spacecraft 1s concerned is being closely coordinated
with that of the spacecraft. Certain portions of
the system such as the gas supply for inflation are
being provided by McDonnell.

Figure 17 presents a brief summary of the para-
glider deployment and performance characteristics.
The paraglider in conjunction with the re-entry
trajectory control system permits touchdown at the
pre-selected site., Tt is flown much like a two-
control airplane using the same hand controller as
for orbit attitude control.

The landing gear, as previously described, is
a tricycle skid type. The nose geer is extended at
paraglider deployment and the main gear by pilot
action. The paraglider is jettisoned immediately
after touchdown to avoid possible interference
during the run-out.

In addition to the paraglider, an 8h-foot ring
sall parachute recovery system is being developed
by Northrop-Ventura under contract to McDonnell.
This parachute will be utilized on the unmanned
lsunches, and possibly several of the early manned
flights, pending final qualification of the para-
glider. Touchdown will be in water when the para-
chute 18 used.

Escape Provisions. Probably the most notice-
able difference between Mercury and Gemini when
viewed externally is the absence of the escape tower

on the latter. In the early part of this paper, the
addition of the ejection seat was listed as a design
feature added to back up the paraglider. Once
having accepted this requirement, extension of the
seat's capabilities to enable crew escape on the pad
and during the early phases of launch was natural.
This was accomplished by incorporating a rocket-type
catapult in the seat. This gives sufficient alti-
tude and velocity to deploy the parachute and land
the men at a minimum of 600 feet from the base of
the launch vehicle. Application of the ejection to
off-the-pad operation is really made possible by the
fact that with the Titan II launch vehicle, there is
no violent detonation associated with deflegration
of the propellants. Therefore, the primary con-
sideration is to achieve sufficient clearance from
the fire which might result from a launch vehicle
malfunction, rather than blast effects.

During the early phases of the launch, ejection
conditions are essentially the same as from an air-
craft. In fact, the maximum dynemic pressure of
approximately 750 lbs/sq. foot encountered during a
Gemini launch is only about one-half of the value
which can be achieved with current fighter type
alrcraft. However, as the launch vehicle acceler-
ates, temperature rather than pressure becomes the
limiting condition for ejection. A maximum alti-
tude of 70,000 feet has therefore been established
for operation of the Gemini ejection seat. As shown
in Figure 18, there are two additional modes of
escape during the launch phase. The first of these,
which extends from the ejection seat altitude of
70,000 feet to an altitude of 522,000 feet, utilizes
the spacecraft retrorockets to separate the space-
craft from the launch vehicle., To achieve this
capability, the ratio of maximum retrograde thrust
to mess for the Gemini spacecraft is increased to
almost double that of Mercury. In the abort mode,
the 4 rockets are fired in salvo to glve a total of
10,000 1bs. of thrust. Above an altitude of 522,000
feet, which corresponds to the point where the veloc-
ity is approximately 20,000 feet/second, separation
is accomplished in the same manner as a normal in-
Jection in orbit. In this third mode, the retro-
rockets are retained for possible use in the normal
retrograde mode to enable more flexibility in selec-
tion of a touchdown site,

In conclusion, it should be noted that space
has not permitted a description of several im-
portant Gemini systems, including communications,
retrorockets, and tracking systems. These are 8ll
importent, and all incorporate interesting features,
but in concept have not changed as drastically from
Mercury as those covered in this report. However,
future reports will most certainly deal in more
detail with all Gemini systems.
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TABLE 1

GEMINI SPACECRAFT

T

MISSION 14 DAYS ‘, CONTROLLED | RENDEZVOUS H SIMPLIFIED MAN'S
OBJECTIVES [ IN ORBIT [ LAND LANDING AND DOCK COUNTDOWN ] PERFORMANCE
+ Long Mean Life « Offset Center of « Orbital Attitude « Modular Concept « On-Board
Gravity Decisions
. Fuel Cells « Radar + Accessible
« Inertial Measuring Equipment + Manual Control
« Cryogenics Unit + Inertial Measuring
New Unit » Built-in Test « Partially
Design - Space Radiator + Computer Points Removable
Features « Computer Space Suit
Resulting + PCM Telemetry + Digital Command « Automatic
System « Digital Command Checkout « Egress to Space

Equipment Adapter

System

« Paraglider + Integrated AGE
» Docking
- Landing Gear Mechanism
« Ejection Seats « Equipment
Adapter

OTHER FEATURES GENERALLY CORRESPOND TO MERCURY.

Figure 1. - Mock-up of Gemini spacecraft.




Figure 3. - Gemini adapter and re-entry module.

Y ;




SEFRRE Foes
i /«“: b ﬂ;rv“h
I ey ELECT!
COOLANS PUMPS FCTRONICS RETROGRADE SYSTEM

SYSTEM TANKAG

PARAGLIDER STOWAGE AND RADAR ‘ ‘
\\ \ ORBIT-ATTITUDE AND MANEUVER
) |

FUEL CELLS

CRYOGENIC BREATHING OXYGEN %

- ENVIRONMENTAL CONTROL SYSTEM

NOSE LANDING GEAR

HATCH

SIDE EQUIPMENT
ACCESS DOORS

; @/s.c.s. ACCESS DOOR
" wD. soTromM EQuIp — : :
ACCESS DOOR

\ LANDING SKID DOOR

Figure 5. - Re-entry module structure.
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Figure 6. - Ablation shield.
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Figure 8. - Gemini afterbody heating distribution.
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BASIC SYSTEM CONCEPTS SIMILAR TO MERCURY:

©® CABIN AND SUIT ENVIRONMENT -PURE OXYGEN

©® CABIN PRESSURE-5.1 PSIA

@ SUIT PRESSURE-3.5 PSIA EMERGENCY
3 IN. H,O BELOW CABIN NORMAL

@ ORBIT OXYGEN-104 LBS. SUPERCRITICAL CRYOGENIC

© RE-ENTRY AND SECONDARY OXYGEN-DUAL GASEOQUS
SUPPLY, 7 LBS. EACH

@ SUITS ARE PARALLELED IN SINGLE CLOSED LOOP
CIRCULATING SYSTEM

® WATER REMOVAL BY WICK ABSORPTION OF WATER AT
THE HEAT EXCHANGER.

@ CO, REMOVAL BY LITHIUM HYDROXIDE BED

Figure 10. - Environmental control system.
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Figure 1l. - Electrical power system.
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Figure 12. - Thrust chamber arrangement.
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Figure 13. - Typical thrust chamber 25 lb. OAMS




_________________________________________________

ISENSING & COMPUTING SYSTEM.E
|

]
|
i
| [RANGE AND E :
| [RANGE RATE ' { renD RADAR — |
: INDICATOR [ | :
1
i L i
S RATE GYROS |
: AND °—J b |
: RATE b HORIZ SENSOR !
! |inpicaTOR b !
| I oo INERTIAL :
s f AV — MEASURING :
! | INDICATOR Lo UNIT :
) i t |
] . ] COMPUTER :.
Y E INERTIAL GUIDANCE SYSTEM :
] 1
) [}
S A ) I
re e M e ‘
! :
! |
{ [TATRTUDE po-oeomeonanennaq - : !
1 1% CONTROL 1 ATTITUDE | L[ ATTITUDE | |
plLoT |- HANDLE CONTROLAND| | AND || [SPACECRAFT
'| [ANEUVER MANEUVER MANEUVER[ | DYNAMICS
]
1 Ll "controL B ELECTRONICS | | THRUSTERS| |
i |_HANDLE |
: CONTROL SYSTEM !
t
]

Figure 14. - Gemini guidance and control system.
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Figure 15. - Inertial guidance system mission application.
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The X-20 (Dyna-Soar) Progress Report

Calvin B. Hargis, Jr.

Ass't Deputy Director /Engineering
X-20 System Program Office
Aeronautical Systems Division
U. S. Air Force

Backgroun

1. X~20 (Dyna-Soar) background encompasses an
extensive time period from 1957 to date (see
Figure l1). Active research and development has
been accomplished during dual phase I competition
between Boeing and Martin between mid-1958 and
mid-1959, and during the current Dyna-Soar progrem,
which was placed under contract in May 1960.

2, It is to be noted that the active RED has
been accompanied by considerable planning and
study efforts. These studies heve examined
numerous alternate plans for conducting the pro-
gram, as well as a large number of possible alter-
nate vehicle configurations. Relationship of the
X-204A program with other national space programs
end with the Air Force Spece Plan has been
extensively examined in various studies.

3. The initiation of the program in November
1957, was preceded by approximately L years of
study of methods of extending system performance
into the high hypersonic speed flight regime by
exploiting large rocket boosters which were under
development for the ballistic missile progrem.

It was found that as speed and altitude perfor-
mance increased, that militery potential beceme
of interestl A large number of technical problems
were identified and found to be of such a magni-
tude that a research program was required for
their sclution. After careful study within the
Air Force end NASA, it was concluded that the
various interrelated problems could best be
solved by a research or "conceptual test vehicle"
which would be capable of extending the flight
capabilities of the X-15 into the high hypersonic
flight regime up to orbital speeds.

4. A Development Directive issued in November
1957, was followed by & competition involving 9
major aircraft companies. From this competition
a selection was made of The Boeing and Martin
companies to further pursue the relative merits
of each company's proposal. During the Phase I
competition, both contractors evolved configu-
rations of a wing-body type having very similer
characteristics and capabilities. The AF/NaSA
evaluation concluded thet the Boeing glider design
and the Mertin booster design should be selected
for further development.

5. During this period, because of extensive
NACA interests in a hypersonic flight research
aircraft, a joint Memorandum of Understanding was
prepared to meke the program 2 joint AF/NASA
program.

6. A three-step program was devised. Step
I utilized the Titen I ICBM booster to boost the
glider from Cape Canasveral down the Atlantic
Missile Range to velocities of approximately
18,000 ft/sec. While not as high as desired, this
speed did permit initial investigation of the high

hypersonic heating regime which occurs between
18,000 and 22,000 ft/sec.

7. The second step of the three-step program
was planned to utilize the seme basic glider in
conjunction with a larger, but undefined booster
to achieve the orbital velocities necessary for
complete re-entry tests. Studies were authorized
to examine all possible candidates for this step
of the program and to examine possible military
equipment tests which could be carried on during
the orbital phase of the flights.

8. The third step envisioned future use of
the technology developed by the first two steps
to develop a weapon system.

9. Increased glider weight and safety
considerations resulted in a change to the Titan
II booster in Jenuery 1961. This change in
boosters provided a suborbital capability up to
22,000 ft/sec.

10. The MMSP (Manned Military Space Program)
study (November 1961) concluded that the best
alternative to the current Dyna-Soar program would
be to adapt the glider and the Titan III booster
together to achieve orbital flight. A ten shot
program limited to single orbits was proposed in
a development plan dated 16 November 1961, and
submitted in conjunction with a White Paper which
outlined Air Force objectives in space, and the
essentiality of filling the potential critical
gep which then existed in the development of
controllable maneuvering re-entry vehicles with
man integrated into the system. This program was
approved in December 1961, and resulted in the
initiation of the current orbital Dyna-Soar pro=-
gram,

11. During 1962, two multi-orbit flights were
added within the 10 flight program by direction of
Hg. USAF, and a change was later mede to utilize
the five segment Titan III booster as a result of
a change of the standard booster from four to five
80lid segments.

Objectives

The objectives of the X-20A Progrem are as
stated in Figure 2. The X-20A is a R&D program
of a military test system to explore end demon~
strate maneuverable re-entry of a piloted orbital
space vehicle which will effect a controlled
landing in a conventional menner at a selected
lending site. The progrem will gather ressarch
data in the hypersonic flight regime, will test
vehicle equipments, will investigate man-mechine
capabilities and represents a fundamental building
block for the attainment of future military pilo=-
ted space capabilities.
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X-20 Flight Corridor

1. Figure 3 illustrates the wide range of
altitude, velocity, and flight path control over
which the X-20 has the capability of gathering
research data.

2. The X-20 possesses the capability of
dynamically flying at eny point below the recoe
very ceiling, but above the structural limit.
Controlled equilibrium flight is possible between
max. Oy, and the structurel limit line. The
initial flight shall be in the middle of the
corridor for which the thermal margins are maxi-
mum, with later flights investigating the limit
lines,

Besesrch Regime

1. The widely different re-entry durations
and heat flux rates (Figure L) for the semi-
ballistic capsule and the X-20 vehicle illdstrate
the difference in the re-entry heating problem
for the two classes of vehicles. The large heat
flux rates associated with capsule re~entry dic-
tates ablative shields which work well when the
re-entry duration is of the order of 10 minutes
or less. The smaller heat flux rates of the
X-20 vehicle actually result in a greater total
heat flux because of the longer duration. How~
ever, this heat is radiated away into the atmos-
phere by the outer skin end only a very smell
percentage (2 to 5%) is absorbed into the
structure.

2, The technology associated with high heat
short duration re-entry is based on past bal-
listic missile programs and is well defined.
However, little of this technology is applicable
to lifting re-entry vehiclea. The X-20 will
provide the aerothermodynemic technology asso-
ciated with slender re-entry vehicles capable of
extensive maneuverability at hypersonic speeds.

3. Present day aircraft are exploring only
a small region of the potential atmospheric
flight regime. W¥hile the X-15 has greatly
extended the investigation at the lowest end of
this corridor, the greater portion remains unex-
plored. Arc facilities are presently available
that duplicate the gas enthelpy and density
corresponding to altitudes of about 200,000 feet
and flight velocities of about 10,000 ft/sec.
Partial simulation of some of the flight para-
meters is possible in conventional hypersonic
wind tunnels and shock tubes. Complete simu-
lation of the gas conditions in the entire corri-
dor is possible in the near future only by actual
flight. The X-20 is a program that will provide
the vital data required to develop the necessary
technology for hypersonic flight.

Re-entry Research

1. The X-20 configuration provides many
features which will contribute to a number of
technical areas (see Figure 5). One of its
unique features is the radiation coocled metal
structure which can evaluate the effects of the
dissociated, chemically reacting gas flows on

heat transfer properties, materials, and oxidation
resistant coatings. The ability to fly in a real
ges, high enthalpy flow regime for extended time
periods will add vital new data-technological
anchor points - unobtainable from ground facili-
ties.

2. The effectiveness of blended reaction
and aerodynamic controls to control the vehicle
over a wide range of angles of attack (0 to 50°),
densities and Reynolds Numbers will provide
extensive performance and stability data. The
extent of laminar flow over the vehicle surface
will provide data on transitional flows and
boundary layer stability. Refractory heat shields
and the ceramic nose cap on the X-20 are compo-
nents which could have application to future
radiation cooled systems. The refractory shields
are easily replaceable permitting tests of alter-
nate designs. The flight program will also
provide a large amount of test data in the areas
of flutter, aeroelasticity, acoustics and vibra-
tion.

3. The X~20A progream will greatly expand
our technology in the area of piloted flight ope-
ration (Figure 6) from the relatively short X-15
flights to global re-entry operations. The
develoment of sophisticated re-entry management
and thermal margin displays and adaptive control
augmentation will enable the pilot to exercise
full command of the guidance and control functions
and obtain significant research on display effec-
tivemess and pilot control capabilities. Valuable
bhandling qualities criteria will be obtained
throughout the hypersonic corridor end during
approach and landing operation. From this tech-
nology, it will be possible to verify ground
based flight simulation techniques and develop
improved simulation programs.

4. Re-entry flight operations research will
be provided by particuler investigations in the
following areas:

Abort Techniques

Energy manegement techniques

Corridor exploration

Re-entry communications through ionized
flow

Transition from reaction to aerodynamic
controls

Desjpn Criteria Impact

The X~-20 flight research program will provide
design criteria (Figure 7) which will be needed
for the design of efficient future systems. Since
these criteria are not now available, the X-204
has been conservatively designed. Turbulent flow
has been used to determine heat transfer rates
and an allowance of 20% has been added to account
for roughness, small waves, and joints in the skin
surface. Equilibrium flow has been assumed in the
leading edge region which results in the highest
heat transfer. Heat transfer on the wing surface
may be reduced as much as 50% if extensive lami-
nar flow is obtained in flight. Reductions in
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leeding edge heat transfer up to 50% may be ree-
1ized if the dissociated flow is prevented from
recombining at the wall by the use of a “non-
catalytic" coating. If the effects of roughness
prove to be less detrimental than expected, less
blunt leading edges might be used which could
increase the 1ift/drag ratio by 25% with a corres-
ponding lateral range increase of 50%, as well as
a payload increese of up to 6000 pounds.

Be-entry Menouversbility

1. Development of capabilities for re-entry
maneuverability represents a besic need of the
nation end one of the prime objectives of the
X-20. The ballistic re-entry concept has now been
demonstrated and has further emphasized the need
of distence and direction control cepeabilities
during re-entry. The Gemini project will provide
e minimal improvement in these parsmeters. The
X-20A project represents the prime national effort
to provide a system with a high degree of re-entry
maneuverability.

2. The payoffs of re-entry meneuverability
are many. The principle peyoff is the wide choice
of landing sites available during re-entry from
orbit, during emergencies, or in the event unfore=-
seen circumstances require a chenge in plans
during the re-entry end approach phases of the
flight. Another key advantage is the elimination
of extensive time in ortit, weiting for an oppor-
tunity to land et a selected site. The adventages
of re-entry meneuverability ere discussed in the
following paragraphs.

Re-entry Maneuverability (Distance and Directio;
Control)

1. An illustration of the use of distance
and direction control during re-entry is shown in
Figure 8. After re-entering the atmosphere, &
maneuverable re-entry vehicle such as the X-204
is capable of employing aerodynamic 1ift to vary
its landing point. Normally, a landing to a pre-
selected site as shown in the center of the ground
landing area "footprint® would be planned with
flight at a nominal glider re-entry attitude (angle
of attack) and I/D. By flying at relatively low
glider angles of attack, it is possible with the
X-20 to extend renge by approximately 3,000 nauti-
cal miles over the nominel re-entry path. By
flying et a high engle of attack, it is possible
to shorten the landing distence by approximately
3000 nautical miles, thus providing considerable
flexibility for lending at an alternate site if
necessary. It is also posesible to bank the glider
and perform a graduel turn in order to lend at
sites as much as 2,000 nauticel miles displacement
from one side of the orbital track.

2. In comparison, a ballistic re-entry
vehicle is constrained to a landing essentially
slong its orbital track, controlled in range by
the timing of the retro rocket firing.

X~20 Maneuver Flexibiljty

1. Choice of landing areas available as a
result of the X-20 maneuver flexibility isishown
in Figure 9 for a typical orbitel flight, with
the ground track limited to that of a single orbit
for clerity. During the orbital flight, the pilot
has the option of landing at any site within the
broad bend indicated on the chart, wheress a
ballistic device could land only along the orbital
track shown within this band.

2. Typical landing footprints are shown to
illustrate the size of the landing area available
to the pilot after a deorbit has been accomplished.
Such a footprint is always potentially avajilable
to the pilot, with its center some 8000 miles
ahead of his actual position, and mey be visua-
lized as moving along the orbital track ahead of
the vehicle and becoming available after deorbit.
The considerable flexibility such a capability
provides should be of considerable importance to
operational missions which cannot always be com-
pletely preplanned, as well as facilitating the
accomplishment of preplenned test missions.

Test Vehicle Equipment and lore Man's Function
in Space and Re-entry

1. One of the objectives of the X~-204 program
is to test the vehicle's equipment and to explore
the role of the pilot during orbit.

2. Initially, the more important portions of
the flight testing effort will necessarily concen-
trate in the boost and re-entry areas until
confidence and equipment reliability are fully
established. Hence, the initial flights are being
plenned as single orbit flights. Even so, these
flights provide a significant 43 minutes in orbit
in which to accomplish additional testing of both
men and machine. This testing extends to all of
the vehicle subsystems as well.

3. Later, multi-ordbit flights will serve to
extend this testing time when a shift of emphasis
to broader system testing becomes appropriate.

4o With all elements adequately instrumented
for research and performance testing, the X-204
then provides the means for meeting its test
objectives.

Mission

Now that the history and the basic program
objectives have been covered, a discusaion of our
present progream is in order. First, the:

Ay Leunch Progrem

The purpose of the air launch progrem is to
demonstrate low supersonic, transonic and subsonic
flight and landing capabilities, operation of sub-
systems, evaluate the integrated glider subsystems
in flight prior to ground launch, and to conduct
pilot treaining. One glider is scheduled to accom-
plish 20 air launches. The test progrem is planned
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to fully explore the low speed portion of the
flight corridor (70,000 feet altitude and up to
speeds of approximately Mach 1.4). The glider

is air launched at an altitude of approximately
50,000 feet and at a speed of approximately Mach
0.8. The acceleration rocket will be used on four
power-air-launches to obtain low supersonic per-
formance.

Ground Launch Program

1. The first phase of the ground launch
program will be a two shot unmanned configuration
utilizing developmental boosters. The next phase
of the program consists of menned shots of both
single and multi-orbit configurations. The nature
of these flights is depicted in Figure 10.

2. Prime mission of the single orbit flights
is exploration of the re-entry flight regime and
demonstration of controlled meneuvering re-entry.
These flights are launched from Cape Canaveral
and directed along the Atlantic Missile Range, but
tilted over to a flatter boost trajectory than is
common for ballistic leaunches, so as to avoid vio-
leting the aerodynamic flight recovery ceiling,
Boost burnout occurs approximately 1,000 miles
down range where the vehicle is injected into an
elliptical orbit with an apogee over South Africa
(altitude approximately 100 nautical miles) and a
perigee within the atmosphere (altitude approxi-
mately 60 neutical miles) northweet of Australia.
At this point, advantage is taken of the X-20's
aerodynamic controllability to prevent re-emer-
gence and thus initiate re-entry. There follows
a 7,000 nautical mile hypersonic re-entry approach
through the Pacific Missile Range to Edwards AFB
in Calffornia, where a horizontal landing is
effected on the dry lake bed. Nominal re-entry
time is 50 minutes. All critical action regions
of the hypersonic boost and re-entry flight are
covered with SHF range instrumentation and data
collection facilities.

The Multi-Orbit Flights

These are very similar to the single orbit
flights in the launch and re-eniry areas, except
that the launch azimuth is reduced to allow for
precession of the ground track due to earth rota-
tion during the orbital time period. The Titan
III transtage is retained as part of the orbital
vehicle to provide propulsion in orbit. Upon
reaching the apogee, the transtage rocket motors
are fired briefly to circularize the orbit.
Thereafter, orbital flight proceeds for three
orbits to a point over the Indien Ocean where the
glider orientation is reversed and the transtage
again fired briefly to effect deorbit. The glider
orientation is turned for re-entry and thereafter,
re-entry is exscuted as for the single orbit
flights.

Configuration

l. The %20 (Figure 11) consists of a 12,250
pound glider, of which 1000 pounds is payload, and a
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5,750 pound transition section. The glider lower
surface area is 345 square feet. The meximum
length 1s 35.3 feet, the maximum height is 8.9 and
the maximum width is 20.8 feet. The re-entry and
landing weights of the glider are 12,000 and
11,700 pounds, respectively. The transition
section is 15 feet in length and has a maximum
diemeter of 10 feet. It is divided into a 4.7
foot emergency propulsion section and 1Q.3 foot
mating and multi-orbit equipment section.

2, The glider is shown mounted on the Air
Force's Standard Space Launch Vehicle (Titan III).
This booster will not be discussed here, but will
be the subject of a seperate paper in another
section of this symposium.

3. Figure 12 shows the three compartments
within the glider which are cooled. The pilot's
compartment and the equipment compartment are
both pressurized and cooled and the rear or secon-
dary power compertment is provided with heat pro-
tection by means of a water wall.

4. The equipment compartment is designed to
provide 75 cubic feet of available space and is
shaped to easily accommodate a wide variety of
payloads. It is designed for 1000 pounds payload
and is currently utilized to house the test instru-
mentation subsystem and portions of the communi-
cations subsystem. It is provided with a 100%
nitrogen atmosphere pressurized to 10 PSIA, end
thus is well suited for the test of prototype
electronic equipment which has not necessarily
been made explosion-proof.

5. The secondary power compartment houses
the hydrogen tank, oxygen tanks, auxiliary power
units, and other equipment required to generage
eand distribute power. Hydrogen is stored super-
critically in order to assure expulsion under
weightless conditions, and is utilized as a heat
sink as well as for fuel for the APU's,




Technical Developments

1. This first portion of the presentation
was to acquaint the unfemiliar with the basic
Dyna-Soar progrem. Now we will turn our attention
to some of the technical areas of interest to
discuss in more detail.

2. One of the first important decisions that
was mede in the Dyna-Soar program was to choose)
a hot primary structure approach instead of an
active cooled aluminum sub-structure. These two
concepts were evaluated in the June 1959 evalua-
tion between The Boeing end Martin Companies.
Although the cooled approach had many desirable
characteristics including much better volumetric
efficiency, there was considerable doubt at the
time as to the feasibility of developing a heat
shield system for the cooled structure which could
effectively restrict heat shorts through attach-
ments and hot boundary layer air leakage to the
cooled structure. The feasibility and reliability
of employing extensive coolant tubing throughout
the glider was alsc considered a serious problem.
The feasibility of the hot structures, however,
had been demonstrated by Boeing during Phase I
and the inherent reliability of a passive cooling
system were important factors in the decision,

3. The state-of-the-art has advanced consi-
derably in both areas since 1959, and follow-on
applications of the Dyna-Soar technology may have
either a hot or cool sub-structure depending on
the overall system requirements.

X-20 Structure

1. The X-20 structure is one which is sub~

jected to a severe re-entry environment. Temper-
ature varies between 3650°F on the nose cap to a
life environment for the pilot and equipment.
The vehicle is subjected to dynamic pressures up
to 860 psf during boost, sonic vibratioms of 147
decivtels, maneuver factors between - lg and + Lg,
and sink rates up to 8 fps during lending.

2. The system consists predominantly of
trusses fabricated from materials selected to
sustain the thermal environment (see Figure 13).
The structure is designed to operate in an envirum-
ment up to 1800°F. It is capable of withstanding
at least four meximum condition re-entries. The
conditions of mejor concern to the designer are
thermal gradients across the structure and maxi-
mum structural temperatures. Accommodation of
maximum temperatures is primarily a meatter of
material selection. For Dyna-Soar, Rene' [l
(nickel-base superalloy) has been selected. This
alloy exhibits the best combinetion of availa-
bility, workability, end strength at eleveted teme
perature. The accommodation of thermal gradients,
which are as high as 500°F across a structural
section, is an arrangement and concept problem.

On Dyna-Soar, the basic approach is use of truss-
type construction. Trusses were chosen because
of their ability to reorient to the thermally
induced shape wi*..ut causing excessive secondary
stresses., This principle is demonstrated in

Figure 1 for a single, three-sided truss. 4s
member AB heats to a greater temperature than the
other members, and hence, elongates more than the
other members, the triengle changes shape by
rotating about the joints.

3. This accommodation of gradients, which are
nonlinear, is also best hendled by trusses since
the loads are carried in discrete members separa-
ted by air spaces as opposed to shear webs which
have continuous shear material between the joints.
Where thermel gradients are nonlinear, high shear
stresses can be created by the large differences
in thermal deformation across small distances.
Where the thermal gredient is linear and the
structural members are isolated, corrugated shear
webs function satisfactorily.

L. The Dyna-Soar glider truss arrangement is
as shown in Figure 13. Structural details of the
various truss areas are predicated on the loading
conditions, thermal environment, space available,
menufacturing capabilities, and other peculia-
rities in the area in question. The fuselage
main beams utilize rectangular, round and square
members, pinned and fixed joints, joint fittings
made from forgings and bar stock, and both standard
end special fasteners.

5. The exterior surface consists of Rene' 41
corrugation-stiffened panels, either uninsulated
or insulated, depending on the location of the
panel on the glider. Insulated panels are used
in all areas where the surface temperature exceeds
2000°F eand includes the entire lower surface of
the glider, the outboard surface of the fin and
rudder, and a small portion of the forward sides
of the body aft of the nose cap. Uninsulated
panels are used on the upper surface of the wing,
body, end elevon, and on the inboard surface of
the fin and rudder. The configuration, sizes,
and meterials selected for these panels resul ted
from design considerations that include thermal,
flutter, sonic, air pressure, and shear loads,
fabricability, end maintainability. The insulated
panel, as shown in Figure 15 consists of a Rene'
41 corrugated panel with TZM molybdenum or D-36
columbium alloy heatshields attached with stand-
off clips, and Q-felt insulation sandwiched
between the two.

6. The D-36 and TZM heatshields assemblies
are protected ageinst oxidation by a disilicide
coating. Individual parts are precoated prior
to riveting, and the completed riveted assembly
is recoated to protect the riveted area and the
faying surface between the clip flange eand the
shield.

7. The leading edges are defined as all edges
that face into the airstream. Altogether, the
glider has approximately 140 running feet of
leading edge construction and about 140 equare
feet of exposed area. Average transverse spans
are on the order of 8 inches. The edge radii vary
from a maximum of 7.5 inches at the nose cap to
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a minimum of 2.06 inches on the intoard side of the
elevon. The radii are jointed by faired end tapered
sections. These sections were selected to be con-
sistent with a meximum design short-time tempera-
ture of 2900°F and an equilibrium temperature of
2825°F, Nommetsllic leeding-edge specimens have
been built of grephite, ceramic, and composites.
Metallic specimens have been built of forged
molybdenum and sheet-metal tantalum, columbjum and
molybdenum. Of the metallic specimens, only the
molybdenum and columbium sheet-metal have reached
detail design status. The effort spent on graphite
cersmic and composite designs did not result in
arrangements which were competitive with sheet-
metal designs in terms of joint smoothness, suita-
bility for sealing, and applicability to geometry.
In addition, both the nonmetallic and the forged
refractory specimens appear to be heavier, as shown
in Figure 16, TZM molybdenum alloy sheet metal will
be used for most of the leading edges, and D-36
columbium alloy for areas where temperatures do not
exceed 2450°F.

Nose Cap

1. The nose cap of the Dyna-Soar glider is
required to sustein very high temperatures over a
much longer period than that of a ballistic re-
entry vehicle. Because of this relatively long
period at temperature and the desirability of main-
taining serodynamic shape, the development effort
has centered around heat-sustaining materials. Two
structurel configurations of different msterial
combinations are being developed, one by the Chance-
Vought Corporation and the other by The Boeing
Company. This dual effort has been considered
necessary because this piece of hardware is so
critical to the successful flight of the vehicle.

2. The Chance-Vought concept utilizes a
structural shell of National Carbon RT=-0029
graphite protected by a silicon carbide coating.
The shell is further protected by an outer cover
of zirconia tile reteined by zirconia pins in such
a manner that the major thermal stresses in the
protective cover are relieved by mechanical motion
between the zirconia tiles. This cap is illue-
trated in Figure 17.

3. The Boeing nose-cap effort is directed
toward developing a monolithic shell of zirconia
reinforced with platinum wire. The forwsrd face
of the shell is grooved to relieve the thermal
stress on the surface. This surface grooving is
accomplished by inserting a paper honeycomb config-
uration into the mold, pressing, and burning the
paper out during the firing operation.

4. The mounting of the nose-cap shell to the
glider structure has been a joint effort of the
two companies. The mounting is so arranged that
the attechment of the two nose-cap shells to the
support ring differs in only minor details.

Landipg Gear

The Dyna-Soar landing gear configuration is
an all-skid, tricycle arrangement utilizing
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yielding metal (energy strap) shock absorbers.
Each of the two main and the single nose gear are
composed of three major elements: a skid, a
pivoting support strut, and an energy strap (see
Figure 18). The main skids ere wire brush types
to generate a high coefficient of friction, and
the nose skid is hard coated to provide a low coe-
fficient of friction. The support struts are
sssembled from mechined Rene' 41 forgings end are
designed to pivot aft under load. This pivoting
motion causes the energy straps to yield and absorb
the landing impect energy.

2. All landing-geer doors are operated mecheni-
cally by the extension motion of the geer. The
geer itself is extended at 275 knots by a high-
pressure pneumatic system which mcves the gear to an
external position where aerodynemics end gravity
complete the extension cycle. The major portion
of this pneumatic system, as well as the geer
itself, will experience & high~temperature soak
in the 1600°F to 1800°F range.

3. A test program is presently being conducted
at Holloman Air Force Base, Track Test Division
on both the nose and main skids. Asphalt, con-
crete, and lakebed surfaces have been laid down
in the sled track trough so that 5000-foot slide-
outs cen be made to verify the coefficient of
friction, wear, and bump capability on each type
surfece. A special rocket sled permits the glider
to start the slide-outs et the maximum glider
landing velocity of 220 knots and to coast to a
full stop in 5000 feet.

Integratad Fower and Cooling

1. The operation of Glider Subsystems results
in a 34HP Design Requirement for Secondary Power
Generation. This total can be broken down into
the primary electrical loed, such as guidance,
comnunications, flight controls, TIS, cockpit
displays and lights that account for 6.9 KVA, and
secondary electrical loads associated with environ-
mental control equipments and cryogenics supply
requiring 3.8 KVA. The remainder can be attri-
buted to the 8.5 GPM, 3000 pei hydreulic losd.
Considering the duty cycle of the subsystems, the
total energy demend could vary from approximately
12 to 80 horsepower-hours.

2. Figure 19 shows the secondery power gene-
ration spectrum derived from initiael and projected
program requirsments superimposed over load regimes
within which particular energy conversion units
operate most effectively. Note that the chemical
dynamic APU is shown as the most suitable prime
mover for the X-20A spplication. A cryogenic
bipropellant, hydrogen and oxygen, was selected
on the basis of results comparing meny propellant
combinations. The two most promising schemes are
shown in Figure 20. Here hydrazine weight require-
ments are epproximetely 2 1/4 times thet of the
hydrogen-oxygen unit. On this basis, the hydrogen-
oxygen bipropellant combinetion was selected. The
operation of electricel and hydraulic equipment,
combined with the effects of aerodynamic heating




results in a total heet load of epproximately
200,000 BTU's. Two approaches were taken to
dissipate this energy:

a. Equipment cooling would be accomplished
by the enviromnmental control system within the
framework of the 3 compartmentsa.

b. The major portion of aerodynemically
generated heat passing through the outer surface
would be removed by a system mounted to the outer
face of the compertment walls.

3. The selection of this propellant combina-
tion resulted in the use of hydrogen as heat sink
for equipment cooling, since a comparison with
water (see Figure 21) indicates a considerable
weight saving end a wide temperature range to
accommodate the cooling of equipments having
different operating temperatures. The effect of
adding ammonia to water results in a wider temp-
erature range at low altitude.

4. When the implications of Figures 20; and
2] are resolved in terms of hardware and subsystem
requirements, the impact of specific concepts can
be evaluated. Two of the most promising approaches
were selected for comparison:s an integrated
hydrogen-oxygen system utilizing hydrogen-oxygen
for power generation and hydrogen for cooling, and
hydrazine power generation units combined with a
water-ammonia cooling system.

5. The weight advantages of an integrated
hydrogen~oxygen system are shown in Figure 22.
Although a compsrison of re-entry weights shows
only a small savings for the cryogenic systems,
the growth capatility for multi-orbit missions is
significant.

6. 4s a result of this study, the integrated
cryogenic system was selected and & hydrogen-
oxygen reaction control system incorporated by
including propellent for attitude control in
tenkage common to both sysiems. This additional
feature was short-lived since analog flight
simulator studies indicated hydrogen requirements
for attitude control thet exceeded the capability
of the hydrogen storage system and tank pressure
controls.

7. A schematic of the integrated system is
shown in Figure 23. Hydrogen, transported di~
rectly from the permenent vacuum insulated storage
vessel is utilized in the primary heat exchenger
to absorb heat from the pressurized compartments
and a number of equipments. A secondary loop,
employing an aqueous solution of ethylens glycol
and weter as the working fluid, transports heat
from the compartment atmosphere, hydraulic oil,
APU gearbox and controls, and the alternator to
the primary collant. After passing through the
primery heat exchanger, hydrogen is combined with
oxygen in the combustion chamber of the APU to
drive the hydraulic pump and alternator through
a 3-stege re-entry turbine. Both cryogens are
stored above the critical pressure by supplying
heat to the fluids to meintain a constaent

expulsion pressure and are stirred to prevent
stratification. When the hydrogen requirement for
cooling exceed that for power generation, the
excess is exhausted overboard and, if the reverse
is the case, the additional bydrogen is supplied
to the prime mover via the heat exchanger by-pass
line,

8. Several problems encountered in the devel-
opment of the integrated system are mentioned in
Table 1. Setisfactory design approeches hava
been adapted to solve most, end in meny cases,
operation of revised development herdware has been
demcnstrated.

Water Wall

1. Thermel protection for the X-20 during
re-entry flight is provided by a radiastion-ecooled
outer surface employing coated refactory metals
or Ren¢ 41. Since this method is not totally
effective in preventing the influx of aerodynami-
cally generated heat to the vehicle interior,
additional protection must be included to absord
this energy to minimize the effect on the internal
environmental control system.

2. Two possible choices are available:
insulating the compertments with a sufficient
quantity of meterial to prevent heat from reaching
the interior, or combining insulation with a
cooling system. From a weight standpoint, Figure
‘24/shows that when re-entry times and average
surface temperatures are considered, the concept
of insulation and cooling results in the lightest
weight.

3. After considering many possible insulations
a light-weight fibrous gquartz meteriel, Q-felt,
was selected as one of the most thermally effectie
material for application to the X-20.

4. The selection of a cooling system consid-
ered both active and passive types. The passive
system was selected because it offered more
inkerent reliability, was of simple comstruction,
and was readily adapted to a hot structural con-
cept that has few heat shorts to the cooled
compartments. Also, the weight of the passive
system was less.

5. A schematic of the water-wall system is
shown in Figure 25. The insulation is covered
with a 2 mil metal foil, that acts as a retention
sheet. This outer surface is supported by perfo-
reted discs to distribute the loed into the cover
and to provide outlets for outgassing of air from
the insulation during boost.

6. The cooling system dissipates the heat
trensferred from the hot cuter surfaces by
utilizing the latent heat of vaporization of an
expendable coolant. It is an open ended type
consisting of an assembly of polyurethane foem
sections contained by aluminized mylar laminated
faces. A gel, composed primerily of water, is
retained within the cellular foam structure from
the time of system fabrication until evaporated
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during flight of the X-20 through the eearth's
atmosphere.

7. Since the coolant is not circulated,
successful operation depends upon the ability of
the system to contain a sufficient supply at
desired locations. The coclant supply will be
installed during febricetion of individual panels
and remains in tect until the time of use.

8. Problems encountered in the development
of this system included difficulties in meeting
1ife requirements end developing "field® filling
proceduress As & result, it was decided to factory
fill the panels and replace them after each flight.

Flight Control

1. Now I would like to turn our attention
to the flight control subsystem. The X-20 flight
control system utilizes the self-adaptive control
principle as the primery technigue for stability
and control of the glider and the glider plus
transition configurations. Early self-adaptive
flight control work was accomplished by the Flight
Control Leboratory at ASD, Wright-Patterson Air
Force Base, Ohio. This work was followed by the
application of this development in the X-15 flight
control subsystem. The X-15 self-adaptive flight
control program is being monitored for application
of this experience to the X-20 flight control
development .

2. Figure No. 26 illustrates the flight
control subsystem as planned for the X-20 vehicle.
In the manual mode of operation, the flight contrd
subsystem electronics utilizes signals derived
from the pilot's sidestick controls and rudder
pedals. These controls are provided with dual
position transducers to provide electrical signals
for the flight control subsystem electronics.
Flectrical signals are sent to the servo valves of
the serodynemic and thrust vector controls for acti-
vation of these portions of the system. The thrust
¥ector controls are used only in the event of an
abort. Electrical signals are also sent to the
reaction control system ror activation of the
reaction control solenoid valves. Dual and triple
redundancy is employed throughout the entire flight
econtrol subsystem. Switching logic is employed
with monitors for fail saefe operation in event of
a malfunction of the dual redundant electronics.
These monitors provide automatic switching to
switeh out eny melfunctioning chennel of operaticn.
Automatic operation is provided bty signals derived
from the primery guidance system. These signals
command the correct pitch attitude or angle of
attack, bank angle and zero sideslip.

3. A variety of control, stebilization and
gain techniques are used in the flight control
system. The autometic mode utilizes the self-~
adaptive gein control principle. Two manual
modes are provided. The manual sugnented mode
utilizes the self-adaptive gain control principle.
Additionally, provisiaon is made for pilot selection
of an appropriate gain. The manual direct mode
provides for pilot selectable gain ad justment of
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the controlling element gein, i.e., aerodymanic
control and thrust vector controls. The manual
direct mode provides through threshold switches
the direct electrical control of the reaction
control solenocid valves.

4. Flight control subsystem electronics
development, analysis and design is essentially
complete. The functional requirements and perfor-
mence requirements have been established. FPro-
duction flight control subsystem electronics
mechenization diagrems have been releesed. The
first production prototype unit has been fabri-
cated end delivered to The Boeing Company for
installation in the guidance and control develop-
ment model. This equipment is presently being
installed in a mock-up wherein all interfacing
electronic equipment is also installed. Tests
during this phase will determine equipment
compatibility. Qualification testing of the
production flight control electronics is planned
to start approximetely September 1963.

5. It is apparent to/most of you that the
X-20 flight control subsystem is a very sophisti-
cated development. :Now let us turn |our attention
to the protlems it must solve and why ‘it must be
complex. In Figurei27, the stability and control
problems are shown as a function of the mission.
During the boost phase of the mission, the X-20
stability and control problem is primarily that
of the potential abort configuration. During the
boost phase, the aerodynamic controls ere locked
by hydreulic means to fixed positions most
faborable to the worst abort conditions. The fact
that the center of grevity is behind the aero-
dynamic center of pressure for the abort configu-
ration imposes exacting requirements in the flight
control subsystem design. The self-adeptive flight
control system must therefore have suitatle
initial condition gains and be capable of
adapting to the optimum gein rether quickly. The
static instebility is sufficiently great that
stability sugmentation must be relied upon. It
is questionable whether the pilot could provide
the necessary demping in the event of stability
augmentation failure in one or more axes. The
orbital phase of operation provides problems in
the area of maintaining the desired attitude
accuracy in the asutomatic mode‘in view of fuel
utilization restrictions. Conseguently, trade-
offs are being mede involving the attiitude
accuracy in the autometic mode. Present indicatiams
are that fuel utilizetion will be satisfactory
in the manuel modes of operation. During re-entry
both reaction end aserodynemic controls are utilized
for stability and control. The use of reaction
controls is discontinued when the aerodynamic
pressure increases to a point where the aero-
dynamic controls provide the majority of control
effectiveness., During this phase of operation
very low load factor limits are observed in order
to preclude exceeding the glider temperature limits.
Considerable work has been done in this area to
define acceptable handling qualities requirements
at these low dynemic pressures. The hypersonic
glide regime provides stability and control
problems in terms of providing satisfactory roll
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control and high angles of attack. The funde-
mental nature of the problem is that eerodynemic
surfaces produce moments about the body axis where
it is required that a moment be produced about the
roll stebility axis. This problem is further
complicated by the fact that the elevons produce
relatively strong yawing moments. Several
solutions have been found to this problem including
the cross feed of roll commands into the rudder
surfaces. As shown in Figure 27, the close
proximity of structural frequencies, self-
adaptive limit cycle frequencies, the aerodynemic
short period and handling quelity requirement
frequencies have required careful attention to
detail. The sero-servo-elestic coupling problem
has resulted in the design of structural coupling
filters in the flight control subsystem electro-
nics to provide a very high attenuation of any
structurel feedback signals to the gyros.
Additionally, careful attention has been given to
the design of the self-adaptive limit cycle
circuitry to preclude the possibility of structural
mode oscillations reducing the self-adeptive gain
unnecesserily. Attention has also been given to
gust end pilot input frequencies in order to
preclude undesirable changes of self-adaptive

gain due to these inputs. The basic fundamentals
of the self-adaptive technique utilized in the
X-20 flight control system are reasonably simple.
The concept that is employed involves use of &
high gain control loop preceded by a model or
filter designed to provide the characteristics

of the desired handling qualities. The assumption
being that if the loop gain is sufficiently high,
the outer loop performance will conform to that
defined by the model. Gein is meintained by the
self-adaptive gain computer. This device utilizes
signals obtained from the moment producing control
element, for example, the elevator in the pitch
exis. The gain computer maintains the necessary
gain to keep the pitch rate innerloop on the
verge of an unstable oscillation. This is accom-
plished by virtue of measurement of the elevetor
deflection. The deflection signels are passed
through logic filters, through a rectifier to
obtain the absolute value of motion of the surface,
then through appropriate limiters and shaping
circuits, and finally to the variable gain
circuitry. The logic filters ere designed for
frequencies of approximetely four tenths of a
cycle per second for the up gain logic end four
cycles per second for the down gain lcgic.
Operetionally, this will mean that eny oscillatory
energy of the elevator in the vicinity of four
tenths of a cycle per second will result in
incressing the gain of the flight control system.
Similarly, elevator ectivity in the vicinity of
four cycles per second will result in a decrease
of the flight control system gain. Nominslly, a
very smell amplitude oscillation of the control
surface will exist during flight with a freguency
of approximetely one to two cycles per second.

Guidance
1. The Dyna-Soar program, at its inception

presented the first reguirement for a full
navigation and guidance capability from launch

thru re-entry and thence to landing of a menned
space vehicle. The configuration requirements
were established about a primary system that
would provide the greatest reliability of per-
formance at a minimum cost thru employment of
proven system elements to the greatest extent
feasible. A reliable simple backup capability
was to be provided to enable safe re-entry in the
event of feilure of the primery system.

2. Initially, a guidence configuration was
established during the boost portion of flight
by providing guidance end control from the glider
inertial guidance subsystem. Backup was to be
provided by an available Radio Guidance System
in the event of en IGS failure. Upon reorien-
tetion of the progrem to the Titen III Space
Launch Vehicle, the boost guidance configuration
was revised to control this portion of the
trajectory from the available booster Inertial
Guidance System. Currently a booster guidance
backup capebility has not been established.
However, simulation investigetions have indicated
the feasibility of the pilot to control the boo-
ster, with the aid of proper instrument displays,
thru the flight control system to the point of
injection within accepteble limits. Studies are
currently underway to determine msnner and cost
associated with mechanization of such a capability

3. During ortit and re-entry, navigation
and guidance capebility will be provided by the
glider's Inertial Guidance System. The elements
of this system are shown in Figure 29, This
system provided by Minneepolis-Honeywell consists
of three mejor elements: the inertiel platform,
which is & further refinement of a platform
initially developed for the NASA (Centeur Program)
a combined general purpose (g.p.) and digital
differential analyzer computer popularly known
as Verdan digital computer employed on the GAM~T7
missile; for the X-20 applicetion, its g.p.
computation capacity will be increased atout four
fold; and a coupler electronics unit which houses
the various circuit elementa of the system. As
displayed in Figure 30, the IGS provides an
attitude reference for the automatic flight
control system as well as the necessary steering
commands to automaticaelly control the glider on
its path. In eddition, the flight instruments
are also provided their sensing inputs from the
IGS to facilitate pilot menual control of the
glider. The key instrument receiving these
inputs (Figure 31) is an instrument known as an
Energy Managemeht Display, which thru overlays
calitreted for speed and landing destination
controlled from the IGS, provides the pilot with
a display showing benk angle and angle of attack
relationship with his footprint capability of
attaining the desired landing area. The guidance
then accomplished during re-entry is meinteining
the desired angle of attack and benk angle so
that the vehicle's kinetic end potential energy
is dissipated in such a manner that the struct-
ural and thermal limits ere not exceeded and the
vehicle arrives at the desired high key point for
lending with the proper energy for a landing.
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4. The landing phase of flight will commence
about 100 miles from Edwards with approximately
a 4000 ft/sec velocity and an eltitude of 130,000
ft. A visual approach, let down and lending
will follow.

5. The glider will employ an Emergency
Re-entry Subsystem as a backup to the Inertial
Guidance Subsystem. This system will consist
of an all attitude reference which will operate
the pilots attitude indicator. In the event of
an IGS failure, this reference will enable the
pilot to maintain a safe attitude during the
critical portion of re-entry.

Communications and Tracking

1. A reliable communications net is
essentisl for the early flights to control and
gather deta from the first exploratory flights.
At thet time, there will be urgent needs for
flight safety, design verification and/or failure
analysis data coverage. This coverage entails
overflying a chain of interconnected surface
communications, tracking, and data collection
renge stations positioned along the (Atlantic
end Pecific) ortital and re-entry track (see
Figure 32). Many of these stations already exist
in the Atlantic and Pacific Missile Renges end
the NASA Mercury net. A major problem presented
itself in utilizing these range stations and
existing equipment. Experience with the
preceding ballistic missile and orbiting satellite
programs hed demonstrated that a vehicle re-
entering the atmosphere at hypersonic speeds
becomes enveloped with a thermally ionized plasma-
sheath configured to the flow field around the
vehicle, as illustrated in Figure 33. This
plasma sheath effectively acts as an electrical
conductor, thus forming & highly reflective and
absorptive media about the vehicle, which serves
to obstruct and black-out conventional tracking
rader and radio communications to and from the
vehicle., A black-out occurs in the region of the
re-entry hypersonic flight regime where Dyna-
Soar is required to carry out its prime flight-
research mission. To solve this problem, advan-
tage was taken of concurrent research on the
interaction of electromagnetic radiations and
plasma fields and those findings extended. This
research hed demonstrated a distinct frequency
sensitive behavior for the plasma sheath. In
fact, it indicated the existence of a window in
the frequency spectrum above the expected plasma
resonant frequencies and below the onset of
absorption ty water vapor, oxygen and other
constituents of the atmosphere (see Figure 34).
For Dyna-Socr 1lifting re-entry flight conditions,
a choice of communications frequencies in the
SHF band in the vicinity of 10 KMC to 15 KMC was
indicated.

2. Other epproaches, such as seeding or
cooling of the plasma adjacent to the affected
antennas end using special propagation modes
established by megnetic fields, appeared possible,
Another possibility was the use of a thin sherp
spike antenna which would not produce a dense
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shock wave and associated plasma in the vicinity
of the radiating elements. These latter approa-
ches, while attractive, were still in eerly

stages of development and have not been adequately
proven for flights similar to those planned for
Dyna-Soar. The bulk of the available research
deta suggested that greatest confidence would
result from pursuing the frequency-choice route,
which was done.

3. The configuration adopted is shown on
Figure 35. The figure illustrates the configu-
ration adopted for both the airtorne and ground
(prime) communications subsystems tobe used in
the launch and re-entry areas. The SHE ground-
to-air link frequency selected was in the region
of 10.4 KMC. The air-to-ground link frequency
selected was at 13.5 KMC to take best advantage
of aveilable microwave equipment ccmponents. Not
specifically identified in Figure 35, but included
in the system are a peair of similar UHF voice
communications links and a C-band transponder to
be compatible with the range station equipments
existing along the established missile and
ortiting-satellite ranges in the non-re-entry
regions.

4. New SHF equipment for bBoth glider and
surface station adaptation is being developed and
procured. The surface station adaptation eguip-
ment is self-tracking in both azimuth and
elevetion. Inclusion of a tone-ranging circuit
also provides a measurement of slant range; thus
providing simultaneously for both the needed
radio communications and vehicle position tracking
in the otherwise tlacked-out re-entry region of
the mission. In addition, a higher-powered (5
watt peak) UHF rescue beacon/transceiver is being
provided to yield greater homing renge capability
for pilot rescue.

Test Instrumentation Subsystem

The Test Instrumentation Subsystem of the
X-20A progrem encompasses all areas of airborne
data collection, signel conditioning, multi-
plexing, translating end recording of data in the
glider. Also included is the necessary ground
tased equipments for demultiplexing, detranslating
recording/reproducing, formating and data cali-
bration up to the point of providing calibrated
dete tapes to the various data users for the
required enalysis. The X-20A Program Office is
responsitle for the overall mansgement of the
test instrumentation arse of the progrem. However
since the X-20 is a joint effort between the USAF
and NASA, a team of instrumentation specialists
was established to provide the Program Office
technical support and recommendations in the area
of test instrumentation. This team is composed
of members of the USAF and NASA and is chaired by
a NASA member.

Design Considerations

1. The basic design considerations for the
TIS subsystem consisted of the number and type of
sensors to be employed and bandwidth impeirment




of transmission range. A list of measurements was
established that included approximately 1000
peremeters. Flight safety and failure analysis
type data received top priority with design vali-
dation and basic research data following a close
second. The majority of the peremeters to be
measured are quasi-static or have a very slow
rate-of-change, thus lending themselves tO nerrow-
band digital time division multiplex. However,
not all the measurements fall into this category.
Required are a number of contipuous time-history
peremeters best cared for with analog (frequency
division) multiplex, at the expense of transmis-
sion range, i.e., there are 3 paremeters with
frequencies from 50 cycles per second to 10,000
cycles per second (acoustics deta). Eleven
parameters with frequencies from de¢ to 2000 cycles
per second (vibration). and 12 parsmeters of dt

to 1000 cycles per second (flutter). Thus, it is
seen that a combined digital/analog system was
needed to cere for both classes of deta. 4
further limitation was imposed on the instrumen-
tation subsystem, that of weight. In the early
design phase of the program, a payload allocation
was made based on X-15 experience. This allo-
cation was 1000 1bs. In the research version of
the X-20, the 1000 1lbs. is allocated to the test
instrumentation subsystem. Approximetely helf of
this weight allocation is used for wiring, tubing,
racks and environmental control. A majority of
the parameters to be meesured are located in a
very high temperature environment requiring
specisl type wire and insulation. Also, tubing
is used from pressure ports on the X-20 surfaces
to en environmentelly controlled compartment
where the pressure sensors are installed. This is
necessiteted by the present state-of-the-art
pressure sensors.

2. Instrumentation ccnfigurations depicting
the locations of the various sensors have been
established, (see Figure 36). The primary change
in the instrumentation configuration from flight
is the type and location of external surface
sensors. One configuration emphasizes external
surface pressures while another configuration
emphasizes external surface temperature measure-
ments. In ell configurations the internal sub-
systems measurements remain the same. This
configuration change approach is used to obtain
the numerous research measurements required to
meet program objectives within the number of
flights and weight limitations imposed on the test
instrumentetion subsystem.

3. On-board recording of the data is required
on the X-20 so the validation and research data
can be obteined throughout the flight regime of
the glider. Telemetry is being used in areas
of the flight regime where engineering analysis
indicates the glider will be subjected to the
maximum envirommental hazard, such as high
temperatures, aerodynamic loads, potential flutter
etc. These areas present the higher probability
of structural failure and are instrumented to
obtain data for failure analysis in the event that
the mission is not successful.

Telemetry_ Equipment Consgidersd

1, A considerable number of different types
and/or combinations of telemetry equipment were
considered for use on the X-20A program. A basic
phileosophy established early in the program was
that the test instrumentation subsystem design
was to use "off-the-shelf* type techniques. We
did not want to run a research program while we
were still testing the basic means of obtaining
data. Basically, we have held to this philosophy
in the design of the system. However, there are
some cases where slight modifications had to be
made to off-the-shelf techniques to make them
suitable for our requirements. As an example, the
use of a video-recorder on-board the glider. To
provide the bandwidth and channel capability, de-
sign effort was required to achieve tighter phase
delay compensation and the reduction of time-base
instaebilities induced by flutter, wow and tape
skew. This design effort is underway and tests
on engineering models indicate the system will
operate satisfactorily.

2. FM/FM and PDM/FM/FM telemetry subsystems
were considered. Due %0 the large number of
meczsurements, the bandwidth of high frequency
response parameters require excessive transmitter
pover and exceeded the weight limitations allowed
and was removed from further ccnsideration.

3. From time to time throughout the
existence of the program, @n all PCM/FM telemetry
subsystem seemed attractive. In the early phases
of the program, the PCM/FM system was considered
to be beyond the state-of-the-art due to the high
bit rate required. Also, there was reluctance on
the part of some data users to accept the low-rate
sempled data as sufficient for analyseis purposes.
At this early point in the program, a decision was
made to incorporate the present system, a hybrid
PQY/FWFM telemetry equipment, into the X-20A.

The hybrid PCM/FM/FM system uses a frequency
translation technigue. The high frequency
analogue paramcters are fed into standard tele-
metry voltage controlled oscillators. The outputs
of the oscillators are then grouped according to
frequency and translated to a higher frequency.

4. There are 42 of these high frequency
response channels that are grouped end translated
to six different frequency bands. These six
frequency bends and the PCM (144,000 bits per sec)
are then mixed in three combinations.

5. All data measured on the glider is
combined into the largest bandwidth for on-board
recording only (see Figure 37). Two abbreviated
combinations ere separated out for sequential
telemetering to the surface date collection
stations in the terminal and mid-course regions
of the mission. In the terminal arees, the acof-
stic noise measurements are omitted end the
vibration date analyzed on-board into simpler
power spectral density data for transmission to
the ground along with the remainder of the complex
and called the wide band case (see Figure 38). 1In
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the mid-course regions (beyond the two terminal
flutter inducing regions) all the flutter data is
omitted eand a single slant-range measuring a

signel chennel substituted to form the third, or
narrow-band combination. This conserves band-
width and extends data transmission to a maximum
in the regions where range is a prime consideratim.

Summary and Conclusions

1. The major program milestones are shown
in Figure 39. Ninety percent drawing release
is scheduled for Sepember 1563. The first air
launch is scheduled for January 1965; the initial
unmanned ground launch in November 1965; the first
menned ground launch in May 1966; and the finsal
flight in September 1967.

2. Significant progress has been mede on
the program to dete. The development effort
is esentially completed. Production drawings are
being relecsed to the manufacturing shops and the
qualification test program haes begun. The problems
to come should not be in the development or state-
of=the-art area, but rather in the hardwere and
integretion of the various system elements.
Though we have not yet reached the flight test
part of the program, a significant step forward
hes been made in the specific areas which have
been covered es well as in innumeratle other
technological fields. It is our view that the
lifting re-entry technology, which is being
developed by the X-20, is filling an important
gap in this country' s overall research end develop-
ment effort which will in turn provide a sound
technolcgicel base for the design and development
of future systems in the National Space Program.
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PROBLEM AREA CONCLUSION ACTION

INTEGRATION OF H2-07 INTEGRATION NOT INDEPENDENT Hp-02 SYSTEM

REACTION CONTROL PRACTICAL BEING PROCURED

POSITIVE EXPULSION SOLUTION NOT WITHIN SUPERCRITICAL STORAGE

OF CRYOGENS X-20 TIME PERIOD SELECTED (EXCEPT FOR No)
WITH HEAT ADDITION

STRATIFICATION OF POSITIVE APPROACH FORCE CIRCULATION ADOPTED

CRYOGEN IN STORAGE TO BE TAKEN USING CENTRIFICAL BLOWERS

TANK

HEAT LEAK TO CRYO- USE EFFECTIVE PERMANENT VACUUM JACKETED

GENIC SYSTEMS INSULATION TANK AND LINES SELECTED AND
DEVELOPMENT COMPLETED

GLYCOL -WATER FREEZING DEVELOP A DESIGN TO RECIRCULATION OF WARMED Hp

IN PRIMARY HEAT ELIMINATE THE POSSIBILITY ~ TO HEAT EXCHANGE INLET

EXCHANGER OF FREEZING SELECTED AND DEMONSTRATED

APU HIGH SPEED CHANGE NATURAL FREQ. REVISED DEVELOPMENT PLAN

ASSEMBLY FAILURES OF TURB INE BLADES SUCCESSFUL TO DATE

ZERO G LUBRICATION SELECT POSITIVE SOLUTION FORCED FEED LUBRICATION

OF APU GEAR BOX SELECTED & DEVELOPMENT
COMPLETE

DEVELOPMENT OF 4 THIN OUTER SHELLNOT PRAC-  STRUCTURAL OUTER SHELL IN

LIGHT WEIGHT Hp TANK TICAL FOR THIS APPLICATION  DESIGN

Table i. Major Problem Areas
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Figure |. Dyna-Soar Background
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@ PROVIDE PILOTED, MANEUVERABLE GLIDERS AND ASSOCIATED SUPPORT EQUIPMENT
FOR THE CONDUCT OF FLIGHT TESTING IN THE HYPERSONIC AND ORBITAL FLIGHT
REGIME TO INCLUDE:

GATHERING OF RESEARCH DATA TO SOLVE DESIGN PROBLEMS OF CONTROLLED,
LIFTING RE-ENTRY FROM ORBITAL FLIGHT

DEMONSTRATE PILOTED, MANEUVERING RE-ENTRY AND EFFECT A CONVENTIONAL
LANDING AT A PRESELECTED LANDING SITE

THE TESTING OF VEHICLE EQUIPMENTS AND EXPLORATION OF MILITARY MAN'S
FUNCTIONS IN SPACE

FOLLOWING SUCCESSFUL ORBITAL DEMONSTRATION, TO PROVIDE THE
CAPABILITY FOR QUICK EXPLOITATION OF TECHNOLOGICAL ADVANCES
THROUGH FUTURE TESTS

@ EXPLORE THE POTENTIAL OF MAN TO ACCOMPLISH MILITARY FUNCTIONS IN SPACE

Figure 2. Program Objectives
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RECOVERY
CEILING

ALTITUDE (100, 000 FT)
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0 5 10 5
VELOCITY FPS X 107>
Figure 3. X-20 Flight Corridor
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Figure 4.

REQUIREMENTS FOR RESEARCH
TECHNOLOGY

X-20 FEATURES
& TESTS

PILOT CONTROL
PILOT DISPLAYS
FLIGHT SIMULATION
HANDLING QUALITIES

PILOT INTEGRATED IN CONTROL-GUIDANCE LOOP
ADAPTIVE CONTROL AUGMENTATION

ENERGY MANAGEMENT AND DISPLAYS
HYPERSONIC FLIGHT ENVIRONMENT

RE-ENTRY APPROACH & LANDING TECHN IQUES

FLIGHT OPERATIONS

Figure 5.

ABORT TECHNIQUES

GUIDANCE EVALUATION DURING RE-ENTRY
CORRIDOR EXPLORATION
COMMUNICATIONS THROUGH ION SHEATH
INSTRUMENTATION RESEARCH

Re-Entry Research
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REQUIREMENTS FOR RESEARCH X-20 FEATURES
TECHNOLOGY & TESTS
AEROTHERMODYNAMICS FULL SCALE METAL STRUCTURE
MATERIALS DISSOCIATED, CHEMICALLY REACTION ENVIRON.
HIGH ENTHALPY
EXTENDED FLIGHT TIME
PERFORMANCE AERODYNAMIC CONTROL SURFACES
STABILITY BLENDED REACTION CONTROLS
ZERO TO 50 DEGREES ATTITUDE
REYNOLDS NUMBER VARIATION
STRUCTURE RADIATIVE STRUCTURE - REFRACTORY HEAT SHIELD
DYNAMICS CERAMIC-GRAPHITE NOSE CAP
FLUTTER DATA
AEROELASTIC DATA
ACOUSTICS AND VIBRATION DATA
Figure 6. Re-Entry Research
RESEARCH X-20 DESIGN REQUIREMENTS FUTURE POSSIBILITY
AREA
HEAT TRANSFER TURBULENT FLOW LAMINAR FLOW —
50% REDUCTION IN HEAT TRANS.
ROUGHNESS MARGIN - 20% SMOOTH SURFACES —
UP TO 6000# INCREASE IN
RE-ENTRY PAYLOAD
EQUILIBRIUM FLOW NON-CATALYTIC WALL —
50% REDUCTION IN LEADING
EDGE HEAT TRANSFER
PERFORMANCE TURBULENT FLOW LAMINAR FLOW
"BLUNT" LEADING EDGES "THIN' LEADING EDGES —
5% INCREASE IN L/D
50% INCREASE IN LATERAL RANGE

Figure 7. Design Criteria Impact
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Figure 10. Mission Profiles
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Figure 1l. X-20 Configuration
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SECONDARY POWER
COMPARTMENT

EQUIPMENT
COMPARTMENT

PILOT'S COMPARTMENT

Inboard Profile

Figure 12.

X-20 Truss Structure

Figure 13.

35




GENERAL SHAPE OF
THERMAL GRADIENT

S
o £~
5
LCOLD POSITION
_l THERMAL EXPANSION

& ROTATION

Figure 14, Thermal Reorientation for a Single Three-Sided Truss
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Figure 15. Typical Insulated Panel
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Figure 16. Comparative Weights of Leading Edge Specimens
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Figure 17. Nose Cap and Support Structure
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Figure 18. Nose Gear Arrangement
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Figure 19. Source of Secondary Power Generation
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Figure 20. APU SPC Comparison
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Figure 21. Potential Heat Capacity of Three Coolants
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Figure 26. Flight Control Subsystem Electronics (Sensors, Computer
& Mode Selectors)
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Figure 27. X-20 Stability and Control Problems
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Figure 32. Single Orbit
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Figure 33. Hypersonic Re-Entry Communications
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APOLLO DESIGN FEATURES
C.H. Feltz

Assistant Program Manager and Chief Engineer, Apollo
Space and Information Systems Division, North American Aviation, Inc.

Abstract

This paper presents some Apollo design
features that were dictated by special problems
associated with a manned lunar landing and return
mission. Design features primarily attributed to
booster limitations, crew safety, and natural
mission requirements are discussed. Emphasis is
placed on those features considered unique.
Examples of specific topics considered are the
general designs of the command module, heat
shield, environmental control system, service
module propulsion system, and Earth landing
system.

Introduction

Although unmanned space probes have pene-
trated into deep space and, in particular, have
transmitted information back to Earth regarding
our neighboring planet Venus, man's personal
venture into space has thus far been confined to
Earth-orbital flights. The success of the Mercury
program has been phenomenal. Project Gemini
is an extension of the Mercury program with a
greater number of Earth-orbits, two men in the
capsule, and Earth-orbital-rendezvous missions.
Projects Mercury and Gemini are logical steps in
man's systematic attempts to conquer space, and
as such, they are fundamental to future manned
space flights extending beyond the gravitation of
the Earth.

The next big step after Gemini in the United
States manned space program is Project Apollo.
Unlike Earth-orbital missions, the Apollo mission
to land American astronauts on the Moon and
return them to Earth necessitates escaping the
Earth to reach the Moon and then escaping the
Moon to return to Earth. This jump from manned
Earth-orbital missions to manned lunar-landing
missions demands propulsion capability far in
excess of that ever before required. In addition,
mission durations longer than ten days must be
anticipated. During this time, the spacecraft and
its crew must survive the environment of outer
space. The Apollo mission thus imposes severe
demands on booster capabilities and introduces
many technological and environmental problems
that are peculiar to a manned lunar-landing and
Earth-return mission.

This paper presents some of the design fea-
tures dictated by the special requirements of the
Apollo mission. In particular, design features
primarily attributed to booster limitations, crew
safety, and natural mission environment are
discussed. Emphasis is placed on those features
that are considered unique.

Design Features Arising From
Limitations in Available Boosters

The relative sizes of the various launch vehicles
that are either in use or considered for use in the
United States manned space program are shown in
Figure 1. Of these vehicles, only Saturn V or
NOVA has the performance capability to fulfill the
Apollo objectives. For a direct lunar-landing
mission, the NOVA vehicle would be the most
desirable from the standpoint of performance, but
because of the longer development time and higher
cost of the NOVA, NASA selected Saturn V as the
Apollo launch vehicle.
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The jump from Atlas/Titan to Saturn V is a
big one. As shown in Figure 2, Saturn V has an
Earth-orbital payload capability approximately
90 times that of the Atlas and 40 times that of the
Titan. Although Saturn V is capable of injecting
about 90,000 pounds to the Moon, mission require-
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ments of this weight impose severe design restric-
tions, not only on the spacecraft and associated
components, but also on the over-all configuration
of the Apollo spacecraft. Because every extra
pound that is landed on the Moon and subsequently
returned to Earth increases the gross take-off
weight by nearly 500 pounds, weight control is a
very critical problem. Therefore, some of the
design features of the Apollo spacecraft can be
attributed primarily to limitations in the perform-
ance capabilities of the available boosters.

Lar
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Figure 3. Apollo Spacecraft

The Apollo spacecraft, shown in Figure 3,
consists of three basic modules —the command
module (C/M), service module (S/M), and lunar
excursion module (LEM). The C/M houses the
three astronauts going to and from the Moon. It
is the only module to be returned to Earth. The
S/M, which provides the propulsion for the
midcourse corrections and the return trip, is
jettisoned prior to Earth entry of the C/M. The
LEM houses two astronauts for the lunar-landing
and return-to-orbit phases of the mission. The
landing gear portion of the LEM is left on the lunar
surface, and the remainder is left in lunar orbit
after transfer of the astronauts back into the C/M.

C/M - SIM "IN ORSIT

Figure 4.

Apollo Approach

Tavo separate vehicles, each capable of
sustaining human lives, are needed to accomplish
the lunar-landing mission. These two vehicles are
the C/M and the LEM, and their simultaneous
existence reflects the decision of the United States
to go to the Moon via the lunar-orbital-rendezvous
mode. This method was chosen partly because of
the limitations in booster capabilities. Figure 4

shows the Apollo approach employing this tech-
nique. The LEM is descending to land on the Moon,
while the C/M and S/M remain in lunar orbit.

It is possible to eliminate the LEM by going to
the Moon via the Earth-orbital-rendezvous (EOR)
mode, but two Saturn V launch vehicles and a large
spacecraft lunar-landing propulsion unit would be
required. In addition, there is the operational
problem of having to make two consecutive
launches successfully within a specified period of
time: one would place a tanker or a booster loaded
with cryogenic fuel into an Earth orbit, and the
other would place the spacecraft into the proper
position for rendezvous with the vehicle in orbit.

From the decision to use the lunar-orbital-
rendezvous method, the following design feature
was established: the LEM is to be initially trans-
ported behind the S/M, and then shortly after
translunar injection the LEM is to be transposed
and mated with the C/M. This transposition phase
of the flight is necessary in order to expose the.
S/M engine for use in midcourse guidance correc-
tfons. Abort requirements make it impracticable
to launch with the C/M and LEM mated. A
promising scheme for making the transposition
and docking is illustrated in Figure 5. The action
begins by igniting the four S/M reaction-control-
system engines and then blowing off the adapter.
Separated from the launch vehicle, the C/M-S/M
unit free-flies around to mate with the LEM, which
is stabilized by the empty S-IVB stage and its
stabilization system. After the mating of the
C/M-S/M unit with the LEM, the S-IVB stage is
jettisoned, and the Apollo spacecraft proceeds to
coast toward the Moon.
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Figure 5. Free Fly-Around Transposition

and Docking

It has been stated that the S/M is jettisoned
prior to Earth entry of the C/M. Unlike the
Mercury and the Gemini vehicles, which require
retrothrusting to dearbit for the Earth entry, the
C/M, moving with an inertial velocity of approxi-
mately 36,000 ft/sec, enters the Earth's atmos-
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phere directly. Partly because of weight
limitations, a retropackage is not used to reduce
this high velocity. The result is that the c/M
must be capable of dissipating the energy
(virtually all kinetic) associated with Earth entry
in such a manner that the integrity of the space-
craft remains intact and its human occupants
unharmed. In addition, the C/M must be capable
of correcting guidance errors in order to reach
a given landing site. The present C/M, in
fulfilling these requirements, presents the
following design features.

The C/M is essentially a body of revolution
and, with the center of gravity (c.g.) along its
longitudinal axis, will develop no aerodynamic
lift (Figure 6). By offsetting the c.g., however,
the C/M trims at an angle of attack approximating
-33 degrees. In this trimmed attitude, the axial
force is resolved to yield a lift-to-drag ratio
of 1:2. It should be noticed that on this vehicle
positive lift is generated at negative angle of
attack. The actual c.g. offset is achieved by
locating the heavy equipment on one side of the
longitudinal axis. This requirement critically
restricts the space available for the installation
of various components.

APPROXMHAATE LOCATION
OF HEAVY EQUIPMENT

wif ¥ o

Figure 6. Command Module Aerodynamics

The C/M can be flown by rotating the vehicle
about the instantaneous velocity vector. This
maneuver, however, forces the lift vector out of
a given plane of action so that any effort to
maneuver in the vertical plane automatically
produces horizontal displacements. Figure 7
shows the C/M with its lift vector fully up, partly
tilted to the right (with resulting vertical and
horizontal components), and fully down. The four
roll reaction-control engines shown in Figure 8

are used to rotate the C/M about the stability axis.
Each reaction jet can deliver 100 pounds of thrust.

Note that there are 12 reaction-control engines on
the C/M. Since only six engines are needed to
control roll, pitch, or yaw, the 12 engines repre-
sent a completely redundant reaction control
system. With a lift-drag ratio of 1:2, the C/M
can enter the Earth's atmosphere and maneuver to
the landing site from as far out as 5000 nautical
miles or as close in as 1400 nautical miles.
Figure 9 illustrates the-Earth entry range limits.
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Figure 7. Lift Vector Control

Figure 8, Command Module Reaction-
Control-System Engines
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Figure 9. Entry Range Limits

vuring Earth entry, depending upon the
particular trajectory flown—e.g., high deceler-
ation with short flight time or low deceleration
with long flight time —the total heat load on the
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C/M can vary between approximately 5 to 8 mil-
lion Btu's. These heat loads are many times
larger than those occurring during entry from an
Earth orbit. The heat shield being developed for
use in the C/M to dissipate the entry heat loads
incorporates a fiberglass honeycomb matrix that
is bonded to the outer body substructure and then
filled with ablative material. This type of
construction yields a well-integrated heat shield
that can withstand thermal stresses associated
with temperatures as low as -260 F. Because of
the stringent weight restrictions in the Apollo
spacecraft injected payload, the C/M heat shield
is tailored in thickness (Figure 10) to the imposed
local heat load. The surface temperature of the
C/M during Earth entry can reach 5000 F, but the
ablator bond line will not exceed 600 F.
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Figure 10. Apollo Command Module Local
Heating Load and Heat Shield Thickness
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Figure 11. Command Module Exterior
Structure

Figure 11 shows a cutaway view of the com-
plete C/M, exposing a cross sectional view of the
heat shield and the basic C/M structure. A design
feature of this structure is its light-weight,
double-shell construction. The outer shell is made
of brazed stainless steel honeycomb, and the inner
shell (Figure 12) is made of bonded aluminum
honeycomb. This inner substructure constitutes

the pressure vessel and is maintained atapressure
of 5 psi in a 100-percent oxygen environment for
altitudes above 20,000 feet. The two shells are
separated by floating fiberglass stringers, and the
space between is filled with Q-felt insulation

‘material. Although this type of construction is

partially influenced by weight limitations, it is
primarily developed from heat transfer consider-
ations. This construction also serves as an
effective barrier for meteoroids, trapping any
meteoroid that might penetrate the outer layer of
the honeycomb structure.
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Figure 12. Command Module Inner
Structure
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Figure 13, Service Module Structure

The S/M structure (Figure 13) also reflects a
light-weight, simple type of construction. The
basic structure consists of six equally spaced
radial beams that divide the cylindrical S/M into
six bays. These bays are used to house various
items, such as the fuel and oxidizers for the S/M
engine and the fuel cells. Aluminum honeycomb
side panels and aft and forward bulkheads are
bolted onto the solid aluminum beams to form the
outer shell of the S/M. Four radiators, bonded
directly to the side panels, are integral parts of
the S/M outer structure. Two of these radiators
are for dissipating heat from the environmental
control system (ECS), and two are for dissipating
heat from the electrical power system (EPS). The
fuel cells, S/M engine, ECS, and EPS are
discussed in the following sections.
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Design Features Arising From Requirements
for Safety of Astronauts

The United States' philosophy of maximum
concern for the safety of the astronauts dictates
some operational design features that may or may
not be manifested in specific pieces of hardware.
Particular examples of nonhardware safety
considerations are the circumlunar "free' return
trajectory, LEM and C/M-S/M equal-period
orbits, and over-all mission abort flexibility.

The circumlunar free return trajectory
permits a return to Earth with a minimum change
in the velocity vector if an abort is necessary
after translunar injection. This means that in
the event of a failure of the service propulsion
engine, the reaction-control-system engines can
be used to correct guidance errors to place the
spacecraft into the proper circumlunar trajectory
for the free return to Earth. The use of this type
of trajectory, together with an Earth-to-Moon
transit time of about 70 hours, makes it necessary
to land on the Moon in retrograde motion with
respect to the natural rotation of the Moon about
its axis. Inasmuch as a point on the surface at
the equator is moving with a tangential velocity of
about 15 ft/sec, the LEM would have to land and
take off against this velocity. This is a loss in
velocity-change capability of 30 ft/sec. Itisa
direct consequence of flying such a circumlunar
free return trajectory. The free return feature,
however, is desirable from a crew safety and
morale point of view.

The LEM and C/M-S/M equal-period orbitisa
part of the over-all abort flexibility. Its use
provides for a possible pickup of an inactive LEM
by the C/M-S/M. For example, assume that the
spacecraft is orbiting the Moon at 80 nautical
miles altitude and that the LEM is ready to deorbit
for the lunar landing. (See Figure 14.) A velocity
increment of approximately 460 ft/ sec toward the
center of the Moon is imparted to the LEM. This
action injects the LEM into a transfer ellipse that
takes it to an altitude of 50,000 feet at perilune,
with an orbital period equal to the circular orbital
period of the C/M-S/M in its parking orbit. This
equal-period orbit provides the LEM with an auto-
matic {without propulsion) rendezvous point with
the C/M-S/M in the event of an abort, as well as
permits the C/M-S/M to follow the LEM optically
down to perilune in a normal mission. For an
abort situation, about two hours after the LEM
deorbit maneuver, the two vehicles will meet
again. The C/M-S/M has chase capability, and if
at this time, a 460 ft/sec velocity increment
toward the center of the Moon is imparted to the
C/M-S/M, it will be placed in the same orbit with
the LEM. The C/M-S/M can now actively rendez-
vous with a disabled LEM.

The over-all mission abort flexibility feature
permits the astronauts to abort anytime up to the
actual lunar landing. Figure 15 indicates points

along the Apollo Earth-to-Moon trajectory where
it is possible to abort the mission.
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Figure 15. Abort Opportunities

Of the crew safety design features that do
manifest themselves in particular pieces of hard-
ware, the most obvious one is the launch escape
system (LES). Although the Mercury also utilizes
a launch escape rocket, the larger size and more
stringent abort requirements for the Apollo make
this LES unique. Paraglider and ejection seats
are used in the Gemini, but they are considered
too heavy for incorporation into the Apollo pro-
gram. The Apollo LES is designed for abort on
the launch pad, during high dynamic pressure, or
at high altitude.
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Figure 16. Launch Escape System

Figure 16 shows the basic construction of the
LES. Titanium is used for the tower because of
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its light weight and high structural strength. The
thrust of the launch escape motor is about 150,000
pounds. A pitch control motor having an impulse
of nearly 1700 lb-sec is used to pitch the LES over
for pad abort. As shown in Figure 17, the system
is capable of carrying the C/M to a minimum

altitude of 4000 feet at 3000 feet downrange. The

minimum safe range at touchdown is about 2000 feet.
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Figure 17. Pad Abort Trajectories

In a normal launch, the LES is jettisoned
shortly after ignition of the second stage. Unlike
the Mercury, which uses a Marman band for the
launch tower separation, the Apollo uses explosive
bolts. (These bolts are unique in that there are
provisions for loading or unloading the explosive
‘char'ges.) During LES jettison, there is a possi-
bility that the jet plume might damage the windows
of the C/M. Partly because of this reason, but
mainly because of the adverse effects from aero-
dynamic heating during atmospheric exit and entry,
the windows have covers. Figure 18 illustrates
the C/M window configuration.
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Command Module Window
Configuration

Figure 18,

For a launch from Cape Canaveral, a high-
altitude abort (about 180,000 feet) would force the
C/M to land in the ocean. Although San Antonio,

Texas, and Woomera, Australia, are being
considered for the primary landing sites, the
possibility of a water landing requires that the
C/M be designed for landing on either land or
water. By way of comparison, the Geminialsohas
adual landing capability, The Mercury, however,
has a water landing capability only. Because of

the offset c.g., the C/M has two stable orienta-
tions in water. These orientations are shown in
Figure 19. As designed, position 1 is the more

stable of the two because of the geometry of the
C/M and the c.g. location with respect to the
water. If the c.g. were low enough or sufficiently
offset, the C/Mwould float in only one orientation.
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Figure 19.

During a high-altitude abort, tumbling may
cause the C/M to come in apex forward. In order
to eliminate this apex-forward trim point, which
is not acceptable from a crew safety point of view,
two strakes are installed on the C/M. Although
the final size and shape of the strakes are not
firm, their approximate geometry and location
are shown in Figure 20.
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Figure 20. Command Module Strakes

A critical phase of the Apollo mission is the
Earth landing of the C/M, whether the landing is
being made in connection with an abort or a return
from a lunar mission. Whatever the case may be,
the Earth landing system must reduce the landing
speed of the C/M to assure the safety of the astro-
nauts. Unlike the Mercury, which uses a single




main parachute, or the Gemini, which uses a
paraglider for the Earth landing, the C/M deploys
three main parachutes, any two of which will land
the C/M without exceeding emergency limits. The
three-chute system was chosen because of its
light weight and high reliability.

Figure 21 illustrates the operational sequence
of chute deployment. The normal rate of descent
of the C/M with all three parachutes deployed will
be approximately 24 ft/sec; the emergencydescent
rate with two parachutes opened will be nearly
30 ft/sec. A couch impact attenuation system is
used to reduce the landing impact. As illustrated
in Figure 22, the system consists of hollow struts
filled with crushable honeycomb that is arranged
to fold like a telescope upon landing.
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Figure 21.

Earth Landing System

Figure 22. Couch Impact Attenuation

System

From the standpoint of mission success
(probability of success = 0.900) as well as crew
safety (probability of safety = 0.999), a high
over-all system reliability is mandatory. One
way of assuring high reliability is to incorporate
component or system redundancies where prac-
ticable. An example is the S/M propulsion engine

shown in Figure 23. This is a single swiveled-
nozzle engine that must be operable at any time
throughout the entire flight. Multi-engine
configurations were considered for the S/M, but,
based on factors of weight and reliability, it was
decided to use a single engine. As shown in
Figure 24, the service propulsion propellant
system uses a series feed. In order to achieve
a high engine reliability, double series and

parallel regulator and check valve systems are
deployed in the fuel system. This redundancy
technique safeguards against possible fail open or
fail close situations.
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Figure 23. Service Propulsion Engine
Configuration
®
<
HELIUM
£ LB AT 4000 PS|

REGULATION-REDUNDANCY FOR
“OPEN OR CLOSED FAILURE" IN SYSTEM

PROPELLANT

45,000 LB WSABLE)
30,000 LB OXIDIZER
15,000 LB RUEL

JasTHR E=
I I m OXIDIZER anfE=H E
¥

SYSTEM F
SERIES FEED i
POSITIVE EXPULSION DEPENDS ON |
SIM RCS TO SETTLE RUEL <
RESIOUAL RUEL 1% =

PROPELLANT UTILIZATION SYSTEM

Figure 24, Service Propulsion System
Schematic

55



Design Features Arising From Encounter
With Natural Mission Environment

This section covers design features that stem
from the important problems of how to sustain life
during a space mission and how to survive the
natural mission environment. These features are
discussed here because they arise from basic
needs rather than from considerations which cope
with special emergency measures as discussed
earlier.

One of the foremost human needs on a lunar
mission is the maintenance of life with reasonable
comfort. Because of the long duration of the
voyage, the Apollo spacecraft must provide a
habitable environment for the three astronauts for
at least ten consecutive days. This requirement is
satisfied by the use of an environmental control
system (ECS) of a sophisticated, multifunctional
design. Figure 25 illustrates some of the com-
ponents of the ECS and indicates their approximate
location in the C/M. The two major functions of
the ECS are the control of temperature and atmos-
phere inthe C/M cabin and the cooling of the
electronic equipment. Specifically, the ECS is
required to maintain a shirt sleeve environment
inside the C/M. As indicated in Figure 26, five
major loops make up the ECS; i.e., the suit
atmospheric control, the cabin temperature con-
trol, the oxygen supply, the water management,
and the coolant transportation loop.

\TER GLYCOL RESERVOIR

ECS LOCATION-

Figure 25. Environmental Control System

Installation

The incorporation of a shirt slecve environ-
ment inside the C/M is insufficient by itself to
provide for the comfort and. welfare of the astro-
nauts during the long duration voyage. There must
be room in the C/M for the astronauts to exercise
and move around. The C/M, being the largest
capsule ever built by the United States, fulfills
this requirement by providing 80 cubic feet of
living space per astronaut. This volume is rela-
tively large when compared to the approximately
60 and 40 cubic feet per astronaut available in the
Mercury and Gemini capsules, respectively.
Figure 27, a cross sectional view of the C/M,
illustrates the living area,
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Figure 27. Living Area— Command Module

With the three astronauts aboard, the need for
an adequate supply of potable water is obvious.
Unlike the Mercury, in which a specific amount of
water is carried aboard the capsules for drinking
purposes only, a major portion of the drinking
water for the Apollo astronauts is derived from
the fuel cells located in the S/M. The fuel cells
produce potable water as they generate electricity.
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Figure 28, Fuel Cell

Figure 28 illustrates the basic principles of
the fuel cells. There are three fuel cells and




three batteries. These units constitute the
electrical power sources {Figure 29). While it is
clearly desirable to have all three fuel cells
operating, any two of these cells will satisfy the
mission requirements. The three batteries
located in the C/M are for use during Earth entry,
but they can be used at anytime in the event of an
emergency.

SUBS YSTEM STATE, OPERATIONS
RUEL CELLS ALL 3 MOOULES OPERATING
IWERTERS | 1 OF 3 OPERATING 2 TANKS
WTERIES | ALL3 OFF LN
REL
caus
Figure 29. Electrical Power System

The Apollo spacecraft, traveling to and from
the Moon, is placed in a radiation environment that
can produce surface temperature variations from
250 to -290 F, depending upon the orientation of
the spacecraft to the sun. Lengthy exposure to
these temperatures can be avoided by properly
controlling the orientation of the vehicle. This
method of solution, however, is not desirable,
and the spacecraft is consequently being designed
to withstand temperature extremes for various
orientations of the vehicle with respect to the sun.

In addition to the requirements for a habitable
spacecraft, there also exists a requirement for
suitable communication with the Earth, which is
essential to the well-being of the astronauts as
well as to mission success. The various
antenna equipment located in the C/M and
S/M are illustrated in Figure 30. For dis-
tances greater than 40, 000 miles from the
Earth, the 2-kmc high-gain antenna is used in
transmitting signals to the Deep Space Instrumen-
tation Facilities (DSIF) located at Goldstone,
California; Woomera, Australia; and Johannesburg,
Africa. The vhf omniantenna is used with the
Ground Operational Support System (GOSS) for
near-Earth communication. The frequencies will
be the same as those now used on the present
GOSS complex for Mercury. A design feature of
the communication system is that voice communi-
cation between the spacecraft and the Earth is
available almost continuously. Blind spots will
occur during certain phases of Earth operations
and when the spacecraft is traversing the back
side of the Moon.

HF RECOVERY (EXTENDED AFTER
EARTH IMPACT)

BACK-UP VHF RECOVERY
EXTENDED AFTER EARTH LANOING)

2 KMC HIGH - GAIN

(]

Figure 30. Antenna Equipment

A final design feature to be presented in this
paper is the personal communication assembly
(Figure 31). The assembly consists of a bump
hat, a microphone with amplifier, and earphones.
It is worn by the astronauts when they are not in
their spacesuits. Identical microphones and
earphones are incorporated in the helmet of the
spacesuit. These components are compatible with
hardwire or wireless communication equipment.
Communication within the cabin is achievedthrough
the intercommunication system, using a hardwire
plug-in. Radio frequencies are used for voice
communication exterior to the spacecraft. This
personal communication system is especially
required during the actual exploration of the Moon.
It is mandatory that the astronauts, one of whom
will be walking on the lunar surface, be in voice
contact with one another.

e '

MICROPHONE VOICE
USING POSITION

Figure 31.

Communication Assembly —
Personal
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Concluding Remarks

A number of Apollo design features have been
discussed to illustrate the broad spectrum of the
Apollo spacecraft design problems. Not all the
technical problems have been covered. Each
design feature, before final incorporation, must
endure stringent experimental tests to verify its
acceptability. There will be flight tests of the
launch escape system, using the Little Joe II
booster to investigate aborts at high dynamic
pressures and at high altitudes. There will be
Saturn I and Saturn IB Earth-orbital missions for
flight qualification tests of the Apollo spacecrafts.
Aircraft drop tests are being made to investigate
the performance of the Earth landing system, and
drop tests of boilerplate versions of the C/M are

being made to assess landing impact loads. The
flotation and stability of the C/M have been
explored by dropping and towing boilerplate
versions of the C/M in water.

Some of the design features presented
undoubtedly will be modified as a result of new
experimental data and information. In addition,
some new problems will arise that will dictate
other design features. Therefore, the design
must be flexible enough to incorporate changes
as needed. At this time, there is no known
technical reason why the United States cannot
successfully complete the Apollo mission within
the present decade.
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Introduction

This paper presents a broad technical descrip-
tion of the changes made to the Titan II ICBM to
enable it to perform the Gemini mission. In ef-
fect these changes created an essentially new
product, the Gemini Launch Vehicle,

The data presented in this paper has been col-
lected from numerous program documents.

Program Objective

The purpose of this program is to develop
launch vehicles which will place the Gemini Space-
craft in trajectories designed to meet the follow-
ing operational objectives:

(1) Perform a 14-day earth orbital flight.

(2) Demonstrate that the spacecraft can
rendezvous and dock with a target vehicle
in orbit.

(3) Develop simplified spacecraft and launch

vehicle countdown techniques in order to
optimize the rendezvous mission.

(4) Develop a fully reliable man-rated launch
vehicle system.

Mission and Performance

Mission

The objective of the basic launch vehicle is to in-
ject the spacecraft into orbit at an altitude of 87
nautical miles with sufficient overspeed to maintain
a perigee of 87 nautical miles and an apogee of 161
nautical miles.

The general trajectory mechanization for the
Gemini Launch Vehicle is similar to that used on the
basic Titan ICBM, except for inclusion of a variable
launch azimuth capability which has been added to
meet the conditions imposed by the rendezvous mis-
sions,

Sequentially, the Gemuiii launch is characterized
by an engine start signal, followed by a 1. 08-second
span in which engine thrust is built up to 77%. At
that point, the Thrust Chamber Pressure Switch
(TCPS) activates a two-second timer and, at the end
of that period, the launch bolts are blown and liftoff
begins. Then follows a vertical rise of approxi-
mately 20 seconds. During the vertical rise, the
roll program is inserted to obtain the desired
launch azimuth. The first of three open loop pitch
commands is initiated approximately 20 seconds
after liftoff in order to approach a zero lift tra-
jectory during the Stage I flight regime, Figures
1 and 2 show the results of this type of trajectory
on a few of the basic nominal design parameters.
As in Titan I, a fire-in-the-hole technique is used
to separate the first and second stages.

Sustainer flight is guided by a closed loop
Radio Guidance System (RGS) which employs an
explicit guidance law similar to that used during
the Mercury-Atlas program, Figures 1 and 2
show the characteristics of this portion of the
trajectory. Injection conditions are supplied by
a velocity cutoff signal which is activated through
the guidance system at the required attitude and
altitude.

Performance

The performance capability of the Gemini
Launch Vehicle is shown as a function of altitude
and velocity in Fig. 3. For the mission objectives
just described, the vehicle is capable of launch-
ing a payload weight greater than the combined
weight of the Gemini Spacecraft with the adapter.,

Fundamentally, the injection altitude chosen
for the launch vehicle is governed by the design
premise that minimum modifications will be
made to the basic Titan II structure. Such
parameters as aerodynamic heating, first-
stage dynamic pressure, staging dynamic pres-
sure and minimum elevation angle required
for guidance were considered in determining
this injection altitude (Fig., 4). A concession
was made to the flight loads criteria in that
the wind environment used for the Gemini
Launch Vehicle is reduced in comparison to
that normally used on the SM68B vehicles.
Explicitly, Avidyne winds are used in this de-
sign application as representative of the en-
vironment experienced at the Atlantic Mis-
silé Range. Dynamic pressure in the first-
stage regime is in excess of that used in
SM68B vehicle design. Aerodynamic heating
limits, which are derived from SM68B per-
formance, and the minimum angle required
for guidance provide the constraints which
limit the injection altitude to approximately
87 nautical miles.

Description of Changes From Titan II

As has been mentioned, the Gemini Launch
Vehicle is a version of the Titan II, The differ-
ences between the two vehicles can be categorized
into three classes:

(1) Changes needed to physically adapt the
launch vehicle for the spacecraft.

(2) Changes required to accomplish the mis-
sion of accurately injecting a spacecraft
into an 87-nautical mile orbit with
enough overspeed to achieve a 161-nau-
tical mile apogee.

(3) Changes or additions made because
men are part of the payload.

In Class 1, the diameter of the top of the ve-
hicle has been increased to 10 feet. No other
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those for which the ICBM was designed. major trajectory parameters which directly affect
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the vehicle structural design. Dynamic pres-
sure (q) and axial acceleration are essential to
loads calculations, while structural heating is de-
pendent upon the altitude-velocity relationship.
The flight path shown in Fig. 6 is one of the
numerous trajectories studied in defining the
Gemini Launch Vehicle performance require-
ments. This trajectory is based upon nominal
conditions for a 7400-pound payload injected at
an orbital altitude of 87 nautical miles at perigee.

All load and structural heating calculations
were obtained by using the atmospheric proper-
ties given by the 1959 ARDC model atmosphere
(NASA Technical Note D595). Figure 7 presents
the ground and flight wind profiles used in the
loads calculations; as shown, both ground and
flight winds represent 1% risk values. The ground
wind profile, which is used for prelaunch and
launch loads development, is based upon climatic
data for Patrick Air Force Base as interpreted
by Geophysical Research Directorate, Hamson
Field, Bedford, Massachusetts. The first two-
thirds of the wind profile is applied as a steady
wind condition, while the final one-third is applied
as a gust. The flight winds used are those de-
veloped by Avidyne for the winter months at Cape
Canaveral. A l-cosine, 20-fps, true gust is added
to the Avidyne profiles at any given altitude. In
the example shown, the predominant wind is from
the west,

Figure 8 shows the net effect for the critical
air load condition. The Gemini Spacecraft- Launch
Vehicle configuration creates a different air load
distribution at the forward end, and this different
distribution causes higher internal structural
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stresses, These differences are offset by using a

lower engine gimbal angle, 3.5 degrees instead of
5 degrees (Fig. 9). The substitution is justified
because the control requirements for the most
dispersed cases are less than 3 degrees.

/ GEMINI TITAN 1
N WIND (FPS) AVIDYNE (259) | SISSENWINE (300)

3/4 TIME (SEC) 69 63.
ALTITUDE (FT) 36, 000 31, 000
MACH NO, L4 127
DYNAMIC PRESSURE (PSF) 685 705
WEIGHT (LB) 216,000 224,000
ANGLE OF ATTACK (@) (DEG) -10.2 -11.5
ENGINE GIMBAL ANGLE (3) (DEG) | -3.5 5.0
AXIAL LOAD FACTOR (n,) tg) 2.03 1.8
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Class 2 modifications (Fig. 10) deal with those
changes needed to increase the payload capability
for the required orbit, The following steps were
taken fo meet these new requirements.

(1) Delete the Titan II Inertial Guidance Sys-
tem. The Gemini Launch Vehicle sys-
tem uses a Three-Axis Reference Sys-
tem during the first stage flight and a
Radio Guidance System during the second
stage. Since the GE Mod III-F is used
as a tracking and impact predictor for
Titan II, a complete Radio Guidance Sys-
tem (GE Mod III-G) was developed by
simply adding a decoder.

(2) Use MISTRAM only on the Gemini Launch
Vehicle. Titan II uses both MISTRAM
and Azusa tracking equipment.

(3) Remove the Titan II retro and vernier
rockets,

(4) Change the instrumentation system from
a 0- to 40-millivolt system, to a 0- to
5-volt system.

oy
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Figures 11 and 12 show the modifications made
to the guidance and instrumentation trusses in or-
der to adopt the Titan for the Gemini mission.

Table 1 shows three Stage II configurations
which have the necessary equipment to perform

TABLE 1

COMPARI SON OF THREE STAGE || CONFIGURATIONS
FOR THE GEMINI MISSION

Titan 11 GLV No. 5 with GLV with IGS
N-11 RGS & MISTRAM & MISTRAM
Vehicle Part (Ib) (Ib) (Ib)
Body 2,262% 2,262 2,262
Separation and destruct 66 -4 &
Propulsion 1,328 1,322 1,322
Power generation 100 104 104
Static inverter 0 68 0
Orientation controls 338% 138 138
Mod 3-F 32 33 0
Decoder 0 14 0
TARS 0 n 0
Autopilot No. 1 38 38 38
Autopilot No. 2 38 38 38
Adapter 0 17 0
IGS 4.4 0 2R
MISTRAM 30 30 30
Azusa 29 0 0
Command receivers 50 50 50
Strobe light n 0 0
Wire and bracketry 528 254 440
Environmental control 24“) ) 14
Instrumentation and )
telemetry 1,074 634 753
MDS % % %
Unaccountable variation -58 0 0
Translation system 0
Total Weight Empty
Residual Propellant
Burnout weight 6,8% LA
Disposable propellants 58, 89 60,08® 60,08
Engine bleed 3 1 11
Solid propellants 145 0 0
Starter grain
Gross Weight

NOTES:

(1) Normalized to remove N-11 warhead adapter.
(2) Revised Gemini engine specification weight

(3) Stated with vernier system weight included (200 pounds).
@) Reflects ducting in equipment compartment for air conditioning

while the vehicle is on pad.

(5 Includes AC-Spark Plug (1GS) telemetry packages.
(6) Used to rotate the burned out Stage 2 out of the flight path of the payload

after separation.

(7) Based on propellant loading statement issued 20 February 1963. These

values are nominal and include mean outage.

(8) Based on cold propellant loading statement issued 20 February 1963.
(9) Included to normalize comparison basis.
(10) All weights include malfunction detection and redundancy provisions.

TABLE 2
INCREASED PROPELLANT AND PAYLOAD
Stage | Stage 11 Total
Items (Ib) (b (Ib)
Cold propellant 20% 900 299
Tank volume considerations 1260 200 1460
Total Loaded 3350 1100 4450
Nonusables, transients and bias 650 60 no
Total Steady- State 4000 1160 5160
The increase in payload capability which results can be stated as follows:
w Payload
Stage (Ib) (Ib)
Stage |
& Propellant weight 4000 133
Stage 1)
A Propellant weight 1100 n
A Empty weight 1168
& Total Payload Gain 1374

“ T -
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a Gemini mission, The tabulation indicates that

a payload increase of 1168 pounds was realized
because of the differences between the Titan II
research and development ship No. 11, which
served as the base for the Gemini Launch Vehicle,
and the Gemini configuration finally chosen. In
addition, it is shown that there is a payload differ-
ential of 264 pounds between a stripped Titan II
with inertial guidance and the final Gemini Launch
Vehicle configuration,

Table 2 shows the increased payload and pro-
pellant that the Gemini Launch Vehicle is capable
of handling. There are four reasons why the
Gemini Launch Vehicle can carry this additional
propellant: (1) calibrated tanks with nominal
rather than minimum values are used; (2) The area
between the prevalves and thrust chamber valwve
can be used for propellant storage; (3) a more
accurate loading system is provided; and (4) lower
propellant temperatures are maintained. Table 2
shows how the additional 5160 pounds of propellant
which can he loaded on the Gemini is distributed.

The preceding tabulation explains the payload
gains realized to date; it does not include addi-
tional gains that could be effected through:

(1) Reducing ullage requirement and load-
ing more propellant.

(2) Using selective injectors to bring
about Isp gains.

(3) Using chambers selected to optimize
burning mixture ratios.

(4) Devising additional means of reducing
weight,

The changes in instrumentation hardware, some
of which resulted in the weight savings just dis-
cussed, are summarized in Table 3 and are sche-
matically indicated in Fig. 13. The summary of
all the Class 2 changes is shown in Fig. 10.

Class 3 modifications (Fig. 15) deal with those
changes which have been introduced to ensure the
safety of the two astronauts who will be aboard
the spacecraft. The Man-Rating and Pilot Safety
Program which was developed to do the job in-
volves many considerations. These are summa-
rized in Fig. 14.

Gemini changes related to hardware are con-
gidered under the category of system design. Spe-
cifically, the major considerations made in this
category can be delineated as:

(1) Addition of a Malfunction Detection
System (MDS).

o ”
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TABLE 3
INSTRUMENTATION SYSTEM
Components Same as Titan 11 Extent of Changes: Remarks
PCM /FM transmitter Yes None: Denver supplied
FM/FM telemetry Essentially (98%) Five FM low level oscillators changed to high level: Denver supplied
PCM multiplexer Essentially (90%) Channel capacity, format, and sampling rates are same as Titan |1. Changed

input section for Gemini Launch Vehicle to high level, 5 volts. Weight sav-
ing on Gemini Launch Vehicle is 25 pounds

Power divider, 5 port Yes None

Antenna telemetry, 4 required Yes None

Diplexer No Repackaged o cover 2 RF links
Program board Yes None

Signal conditioner types of modules
(19 400-cps phase demodulator Same as Titan |1, except that the Gemini Launch Vehicle has a TARS

package, while Titan 11 doesn't

Titan | 400-cps phase demodulawor has been modified for 800 cps

Same as Titan |11; required for Gemini Launch Vehicle because of 400-cps

static inverter and TARS |

@) 26-vac discriminator Titan 11 modified to give 5-volt instead of 40-mv output

No

2) 800-cps phase demodulator No
No
No

(5) 400-cps frequency deviation No Same as Titan |1; required for Gemini Launch Vehicle because of 400-cps
No
No
No
No

B) 1l15-vac discriminator

static inverter and TARS

6) DC amplifier Same as Titan 11; high level for current monitoring of IPS and APS

Transducers

(1) Temperature sensor system Same as Titan |1; has a 5-volt output without signal conditioning, re-
places thermocouples used on Titan 11
Unit has high level output: similar units on Titan 11 are low level

Unit has high level output: Titan |1 uses low level; sensing element is

@) Static accelerometer
() Pressure transducer

solid state bridge
Airborne tape recorder Yes None
Connectors Yes None
Wire No Titan 11 uses twisted pair shielded for each measurement, while Gemini
::::: Vehicle uses single conductor shielded. Weight saving 142



COMPARTMENT 1| COMPARTMENT 2 COMPARTMENT 3A | COMPARTMENT 38 | COMPARTMENT 4 | COMPARTMENT 5
NO. 2 TRUSS DISCONNECT CONDUIT
M DISCONNECTS
STAGE BETWEEN
DISCONNECT TANKS
DGy LEQWER DIVIDER TRANS DISCONNECT
10 END SPLICE
INSTRUMENTATION [ DASCONNECT 10
NTENNA DIPLEXER 0wt R4
DISCONNECT INSTRUMENTATION
I [za-v Rfu‘.'} TERMINAL J
BOARD PROGRAM kv all
1 BOARD ACTUATOR
D1SCONNECT
\—H TAPE !—
irwzmuusl RECORDER 1 Jo
BRIDGE INSTRUMENTATION
1 L DS ANer ) INSTRUMENTATION —HD
- REAT SINGLE POINT GROUND
LOGIC [T~ _(D
[TEMPERATURE BR10G 5-V POWER pcm | _ﬂ] _{]]
POWER SUPPLY |sm|aunou SUPPLY MULTIPLEXER | AERQJET
L(]:] DISCONNECTS
1 AEROJET
SIGNAL 1PS BATTERY DISCONNECT
conomonenl __._._,_____L‘——I
B 400~
' é =] POWER
] NO. 1 TRUSS DISCONNECT CONTROLLED
FIG. 13. INSTRUMENTATION SYSTEM
CONFIGURATION QUALITY SEQUENTIAL
A RELIABILITY AARSES CONTROL ASSURANCE EVALUATION AND
MARTIN DOCUMENT ER 12326 RTIN DOCUMENT ER 12254A] | RE-EVALUATION
BASIC TITAN 11 R 1225 FAILURE MODES EARLY USE PERSONNEL CONFIGURATION
FCS REDUNDANCY  SSD 62-33 ESCAPE MODE CONFIGURATION PROCEDURES SPARES
ELECTRICAL QUAL TESTS SUPPORT by CRITICAL HARDWARE
SEQUENCING PMT FLIGHT TEST COMPONENTS DATA
REDUNDANCY REL TESTS ANALYSES TABULATIONS A
MDS CRITICAL COMP -
ASFTS MANUFACTURING
MDS P1GGYBACK MANUFACTURING
cst SUPERVISION
QUALITY CONTROL
HOT FIRING
TESTS QUALITY CONTROL
SUPERVISION INCREASING
- TECHNOLOG ICAL
AIR FORCE
QUALITY CONTROL CW';E";"CE
AIR FORCE QUALITY INCREASING
CONTROL SUPERVISION LEVEL OF
- ALROSPACE RESPONSIBILITY
< |ieacrory rotLouT InsP)
ssD
L [iruIcHT sareTY Review)
— INHERENT DELIVERED >

(2)
dancy.

(3)

(4)

FIG. 14. MAN-RATING AND PILOT SAFETY

Addition of those features requiréd to
produce flight control system redun-

Addition of time delays in the flight
termination system.

Addition of redundancy provisions in

the electrical circuits of the flight
sequencing system.

Malfunction Detection System (MDS)

Effective implementation of a Man-Rating and
Pilot Safety Program, like the one shown in Fig.

form more reliably.

14, will ensure a launch vehicle which will per-
Even though the goal is per-

fection, realistically, there is always some pos-

sibility of hardware failures.

In order to mini-

mize losses due to this possibility to the lowest
attainable level, a highly sensitive Malfunction
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Detection System has been incorporated in the
Gemini Launch Vehicle. This system (Fig. 16)
provides information on those parameters which
most significantly affect the safety of the astro-
nauts and the success of the mission.

The fundamental question which must be an-
swered in developing a Malfunction Detection Sys-

tem is, ""How will the sensed information be used ?"

Stated simply, the question can be reduced to de-
termining the degree of automatic action which
should result; that is, should the sensed informa-
tion cause automatic ejection or should the infor-
mation be displayed to the pilots who would then
decide what to do. Before a valid decision can be
made, the following factors must be considered.

(1) Time histories of launch vehicle action
following anomalies.

(2) The time in which anomalies may be
sensed and displayed.

(3) The extent to which "cues'' other than
hardware sensing will be available and
useful.

(4) The relative complexity and reliability
of an automatic versus a manual sys-
tem.

(5) The astronaut's role: the role which
is desired and the contribution which
can be made.

(6) The mission requirements effect.

(7) The escape system concept.

LAUNCH VEHICLE ! SPACECRAFT
MDS SENSED PARAMETERS | |
BOTH STAGES: ENGINE :
PROPELNT TaNK | | o] "TUNCTION || spacech
PRESSURE | J INSTRUMENTS
N PANEL
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OVERRATES !
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- SWITCHOVER H
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TELEMETRY AND COMMAND EHICE
TRACKING 1 suumgwu EJECT

DATA LINK STAGE 11 ENGINE H
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[ L _COMMUNICATION .
x \V,
GROUND STATION

FIG. 16. MALFUNCTION DETECTION SYSTEM

Although these factors can be evaluated inde-
pendently, many of them are necessarily inter-
related. For example, in the case of the Gemini
Launch Vehicle, Items 4, 5, 6 and 7 were inter-
meshed and basic decisions in these areas indi-
cated a need for a manual rather than an auto-
matic abort system. However, this meant that
Items 1, 2 and 3 had to be evaluated in order to
determine whether a safe manual system could
be developed. Once it was proven that such a sys-
tem could be provided, the Gemini Malfunction
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Detection System was implemented to provide in-
formation to the astronauts who must ultimately
decide what action is to be taken,

Project Gemini's design philosophy is sum-
marized effectively in a February 1963 article
in "Astronautics and Aerospace Engineering"
by Chamberlain and Meyer. An analysis of a few
quotes from this article enables one to under-
stand the need for a manual abort system.

The Atlas is so instrumented that it will au-
tomatically abort the Mercury Spacecraft if
any one of a number of malfunctions is
sensed in the launch vehicle. The automa-
tic abort modes in Mercury are very com-
plicated and have caused the loss of complete
spacecraft in the early development un-
manned flights. In each instance, had a

man been on board, he could have manually
salvaged the situation.

In Gemini, a launch vehicle malfunction ac-
tivates lights and gages on the instrument
panel and the astronauts exercise judgment
as to the seriousness of the situation and the
best procedure to follow during any special
circumstances. With this sort of system,
more than one cue can be used to verify an
abort situation. Simulations reveal that in
many cases, much reliance is placed on the
audio-kinesthetic cues for this purpose.
These cues are not only very reliable, but
instill confidence in the pilots in the validity
of the systems when they are checked by
this means.

A further quote from this article shows that
one of six primary objectives of the program is:

To perfect methods for returning and land-
ing the spacecraft on a small preselected
landsite, This objective involves re-entry
control and a paraglider for spacecraft re-
covery. The ejection seats not only provide
a substitute for a reserve parachute, but
also provide an escape mode both early in
flight and on landing.

CS--COMMAND SHUTDOWN BY RANGE SAFETY

B M5 SONSOR-AUTOMATIC SWITCHOVER TO BAGKUP SYSTEMS

@ 70S SENSOR--WARNING TO SPACECRAFT DISPLAY

This latter quote is offered to indicate some
of the background that led to the choice of ejec-
tion seats as one of the escape modes. Their
use and speed of reaction is one of the factors
that was considered in deciding whether a manual

abort system was feasible.

The factors just evaluated cover Items 4, 5,
6 and 7 of the characteristics which had to be
considered in evaluating the desirability of a
manual versus an automatic abort system. Logi-
cally, the next step in such an evaluation was to
examine all possible malfunctions in order to
determine the more critical malfunction times.

The first step in such an analysis was to de-
termine the frequency of failures by systems.
Primarily, this information was gathered by re-
viewing Atlas, Titan I and Titan II histories.
During these analyses, the following information

was particularly sought:

(1) Probability of occurrence

(2) Mode of failure.

(3) Time until critical limits are exceeded.

From these studies, a summary of what might be
expected on the Gemini Launch Vehicle was pre-
pared; the summary indicated the probabilities of
malfunction by systems (Fig. 17). Each system
was then considered independently, and the con-
sequences of a failure at different times during
the flight on better than 1000 analog simulations

of this kind were made for the Gemini Launch
Vehicle Program. Typical results of these studies
are shown in Figs. 18, 19, 20 and 21. From these
data, the time required to reach a critical limit

SC-RGS SELF-CHECK

O SPACECRAFT SENSING é&ﬂma

O GROUND SENSING--VOICE COMMUNICATION

FIG. 17. URGANIZATION OF MALFUNCTION rrUBLEM
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For example, Fig. 20 shows

that if an engine failure occurs at approximately
70 seconds, the vehicle would break up in approx-

imately three seconds.

With a manual abort

system, the sensing, indication, reaction and es-
cape actions would all have to occur within three
seconds. The results of these analyses indicated
that it is possible to react to all failures in a
timely manner, with the exception of engine hard-
over cases which will be discussed under Flight
Control System Redundancy. From these analy-
ses, it was determined that the following param-
eters must be monitored while the Gemini Launch
Vehicle is in flight:

(1)

(2)

(3)

4)

Four tank pressures (structural limit
or minimum NPSH).

Engine chamber pressure switches set
at 68% of rated thrust for Stage I and

65% for Stage II; this is equivalent to
550 psia +30 psi for both stages.

Vehicle attitude rates.

Stage I Stage 11

(deg/sec) (deg/sec)
Pitch +3.5, -4 10
Yaw 3.5 10
Roll 20 20

Staging signal: the light goes on at
staging signal (87 FS,y, 91 FSl) and

0 r
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goes off at separation approximately
87 FS2 + 0.6 second,

The tank pressure sensors provide analog sig-
nals to the spacecraft indicators. Redundant sen-
sors, which are connected in independent, parallel
circuits individually routed to the spacecraft, are
supplied for each tank. All other sensors are bi-
level, They are also redundant for each param-
eter, but, in this case, they are connected in se-
ries, Consequently, the contact of both sensors
in the redundant pair must be closed before a
gignal is initiated (Fig. 22).

In addition to the parameters measured in
flight, sensors have been added in those lines
which contain the propellant tank pressurants.
These sensors measure whether gas for the tank
pressurization is being generated to a value which
will be high enough to pressurize the tanks. The
values sensed are:

Values Stage I Stage 11
Fuel 50 £+ 4 psi None
Oxygen 385 + 25 psia None

If the sensed values are not high enough, an en-
gine kill is initiated prior to liftoff.

In addition to the flight considerations, there are
ground abort conditions which also had to be evaluated.
These conditions are shown in Fig. 23.
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The figure shows that the Gemini recovery area
is being cleared and leveled for recovery of the two
Gemini pilots in the event of a pad abort. The legs
of this triangular-shaped area are each 1000 feet
long and the angle between them is 54 degrees.

All elevated obstacles are being removed; even pad
illumination lights will be installed flush in the
ground. The highlighted area (dashed line) will be
deluged with water in the case of booster explosion.
In present Gemini capsule design, the pilot's seats
are angled 9 degrees above horizontal and 12 de-

LAUNCH PAD "
L

grees apart. The ejection motor on each seat will
develop 2500 pounds of thrust and burn for 1 sec-
ond; pilot should be clear of capsule 0.4 second
after motor ignition. Barostats will activate seat-
mounted chutes 3 seconds later when the pilots are
about 300 feet above the ground. Pilots will have
a maximum 5.5 seconds in which to initiate es-
cape procedures after notification from Range
Safety Officer of his intention to destroy a mal-
functioning booster.




One switch will eject both seats., Ejection seats
will be the primary escape mode up to 70, 000 feet.
After that, pilots will escape by firing the space-
craft's solid propellant retrorockets, each develop-
ing 2500 pounds, and separating the capsule from
the launch vehicle. Pilots would then fly their cap-
sule back to earth by paraglider. NASA, Martin
and McDonnell are studying ways of pilot escape

from the launch stand before the erector is dropped,

preparatory to engine ignition, These include a
cherrypicker, high-speed elevator, cork-screw
type slide and lifelines.

The times at which the remaining escape modes
(use of spacecraft retrorockets or longitudinal
spacecraft maneuver rockets) would be used are
shown in Fig. 24.
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Flight Control System Redundancy

As previously indicated, analyses were made
for a number of postulated malfunctions to de-
termine how much time would elapse from the
instant when a malfunction was sensed until
critical limits were exceeded. These times were
then examined to define whether there was suffi-
cient time for pilot warning and reaction. The
engine hard-over condition, that is a failure in
the flight control system or hydraulics which
causes or allows one or two engines of Stage I
to drift hard-over, was examined carefully.
Figure 21 shows the time histories accumulated
during these analyses. As seen, it takes approx-
imately 1.25 seconds to reach vehicle destruction
if both engines drift to hard-over in pitch and one
second or less to reach a physiological limit
should a single engine drift hard-over and cause
a yaw-roll buildup.

In order to determine whether there would
be enough time for astronaut reaction for this
and other cases, NASA decided to conduct a se-
ries of experiments. These were conducted at
Chance Vought in a simulator where the mal-
functions were simulated and response time
measured. In all cases, except those for en-
gines hard-over, there was sufficient time for
positive astronaut reaction. In no case was the
time for engine hard-over met.

These experiments showed that a manual
abort system was desirable, possible and prac-
tical, except in the case of engine hard-over.
The question then remained as to whether an

70
.

automatic abort should be provided for this con-
dition or whether some compensatory method
could be devised. A number of studies were
made to determine the effect of various degrees
of redundancy. These studies showed that the
most effective system was one in which redun-
dancy was provided from guidance through the
flight control systems and to the hydraulics of
Stage I (Fig. 25). With this system, the proba-
bility of an engine hard-over failure is reduced
appreciably, while the probability of mission
success is increased significantly from 90 to
93.6% (Fig. 26).

The effect of sensing and switchover to
maintain.the vehicle within structural limits is
shown in Fig, 27, Switchover to the secondary
system can be effected by four methods:

(1) Command from the pilot.

(2) Detection of vehicle overrate by MDS
rate sensors.

(3) Loss of Stage I primary hydraulic sys-
tem pressure,

(4) Positioning of Stage I hydraulic actu-
ator.

Pilot command is initiated manually by the
astronaut, These decisions are based on the
pilot's interpretation of the spacecraft display,
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Gemini Launch Vehicle flight termination and
destruct system (Fig. 28) is the same as that
used on Titan II (N-I),

(1)

2)

(3)

Crew safety switches have been added
between the airborne 28-v d-c power
supply and the destruct switches.

The 28-v d-c power is isolated from
the destruct switches until after flight
termination system shutdown command
has been initiated,

Time delay relays have been added to
prevent the flight termination system
from giving a destruct command until
5.5 seconds have elapsed after the

shutdown command has been initiated.

plus information which he receives from the (4) Time delay relays (5.5 seconds) have
ground station. The MDS overrate sensors will been added to the Stage I automatic
automatically initiate a Bignal when the vehicle's destruct system; consequently, the
motion exceeds a predetermined safe limit. In system reacts only if there is an in-
addition, the hydraulic pressure switch auto- advertent separation of Stage I from
matically initiates switchover when the pressure Stage II during the boost phase,

on the primary side is reduced to a preset value,

Each of these methods produces a signal (5) Stage I is shut down and destroyed if
which simultaneously energizes the hydraulic it inadvertently separates from Stage
switchover valve solenoids in the Stage I hy- I during boost phase.
draulic system, and a relay which switches the . .

Stage II hydraulic system input signals from (6) The Stage I inadvertent separation de-
the primary to the secondary autopilot. struct system is made safe at approxi-
mately 10 seconds prior to normal
Flight T inati separation by independent signals trans-
L ermination System mitted from both the Three-Axis Refer-
Except for the following differences, the ence System and 140-second timers.
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Stated simply, these changes, which have been
made to protect the men aboard, provide infor-
mation with respect to Range Safety Officer.action
and adequate time for independent astronaut ac-
tion. A summary showing the specific escape
mode against the time of flight during which the
mode would be employed is shown in Fig, 18,

As further evidence of the planning which has
been done to provide maximum crew safety,

Fig. 29 shows a summary view of tracking, flight
termination and destruct systems actions which
occur prior to and after launch,

Figure 30 shows the flight termination sequence
times during the various modes of escape. Vehicle
destruct is accomplished by another independent
action and a signal from the Range Safety Officer
following destruct enable.

Gemini Electrical Sequencing

The addition of the Malfunction Detection Sys-
tem and the modifications made to the guidance
system brought about a number of changes in the

T-300 260 220 1%
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T

electrical sequencing circuits. Since the basic
design had to be changed, it was decided that the
maximum degree of redundancy, within the con-
text of the change, should be provided, Essen-
tially, redundancy was achieved through the cir-
cuit wiring design without adding any new com-
ponents. Table 5 compares the Gemini and Titan
II electrical sequencing systems.

The controlling electrical sequencing system
for the Gemini Launch Vehicle consists of the
motor driven switch and relay logic which is re-
quired to perform such functions as:

(1) Shut down the Stage I engine,

(2) Fire Stages I and II separation nuts.
(3) Start Stage II engine,

(4) Command autopilot gain changes.

The system is shown in detail in Fig, 31.
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Titan II Electrical Sequencing

While the Gemini and Titan sequencing systems
are similar, Gemini has four additional provisions:

(1) The system is redundant,

(2) There is a Stage I fuel shutdown sensor.

(3) There are 40~ or 140-second time delay
relays. In Titan these arming functions
are performed by the Digital Control
Unit.

(4) There are two staging switches.

The APS staging switch performs the same
function in both the Titan and Gemini Launch
Vehicle. However, the Gemini can also call on

a backup IGS switch to perform the APS func-
tions. The degree of redundancy which has been
added is summarized in Fig. 31.

The sequencing system, which is fully redun-
dant, is set into operation when the launch vehi-
cle actually lifts off from the pad, The follow-
ing operations occur simultaneously during lift-
off:

(1) The 40-second time delay relays
(Nos. 1 and 2) start timing.

(2) The Three-Axis Reference System
starts timing.

(3) The 140-second time delay relay starts
timing.

(4) The spacecraft receives a liftoff sig-

nal,

After 40 seconds has elapsed, the 40-second
time delay relays are timed out, and the astronaut
then has the capability to command a launch vehi-~
cle shutdown by operating the appropriate shut-
down switches. After 140 seconds has elapsed,
the stage separation circuitry is armed by both
the Three-Axis Reference System and the 140-
second time delay relay.

Normally, at approximately 150 seconds, the
oxidizer will be depleted and a low stage I engine
chamber pressure will result. The Thrust Cham-
ber Pressure Switches will sense this condition,
supply a ground to the staging circuitry, and
staging will occur. If the fuel is depleted before
the oxidizer, the Stage I fuel shutdown sensors
will supply a ground and initiate staging.

JABLE4
FLIGHT SEQUENCING FUNCTIONS

Function H(;«mini Launch Vehicle lmglsmonhtlon
Program initiate Redundant pad disconnect at lifoif.

and 2.

relay No. L.

Redundant Program initiste relays Nos. 1

Relay No. 1 applies 400-cps power ® Three-
Axis Reference System and starts 40-second

Relay No. 2 starts 140-second time delay relay

Titan 1§ Imglnmonhtion

Signal from Mastsr Operations Console a 1-3.7
seconds starts Digital Control Unit

Spacecratt enable for
Taunch vehicle engine
shutdown

Stage | fuel and oxidizer
shutdown sensing

Staging arming

Staging

Stage 1) low level shutdown

Stage |1 guidance

and 40-second time delay relay No. 2.

After 40 seconds has elapsed, the crew can
shut down the launch vehicle iredundant
relays).

Thrust Chamber Pressure Switch sensors
and fuel shutdown sensors sense depletion
of oxidizer or fuel.

Redundant staging control relays Nos. 1 and
2 are armed by the Three-Axis Reference
System 139.5 seconds after fifioff, and the
140-second time deiay reiay arms these relays
140 seconds after lifiolf.

APS staging switch
{) Stage 1 engine shutdown.

©) Autpilot gain changes at staging

@) Fire separation nutson the Stage 11 side.
IPS staging switch

(L) Stage | engine shutdown.

2) Stage 11 engine start

(3) Autopliet gain changes.

{4) Fire separation nuts on Stage | side.
Fuel and oxidizer depletion is sensed by Stage 11
shutdown sensors. These units are armed by the
Stage M low level shutdown controtrelay, and

erence System a 322.56 seconds after lifiolf.

by Rpﬁo or Inertial

is

System. Swi is
by rell‘y No. 2. The outpyt is fed to redundant
Stage |1 shutdown, relays Nos. land2

the relay in turn, is armed by the Three-Axis Ref-

N/A
Thrust Chamber Pressure Switch only.

One staging control relay is armed by the Digital
Control Unit 140 seconds after liftoff.

APS staging switch
{1) Stage | engine shutdown.
@) Stage Il engine start
3) Autopilot gain change.
) Fire separation nuts Stages | and I

NiA

Shutdown is accomplished by the Inertial. Guidance
System through one guidance shutdown relay.
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FIG. 31. ELECTRICAL SEQUENCING SYSTEM
TABLE 5
FLIGHT SEQUENCE DIFFERENCES: TITAN I1 AND GLV
Time from Liftoff
(sec} Source of Function
Function GLV T-11 6LV T-11
98 S1 Stage | ignition 3.3 33 MOC MoC
Thrust chamber switch closure 22 2.2 MOC MOC
Fire nuts _ 0.2 <2 MOC . MoC
Program initiate 0 o Program initiate Digital controt
Relays Nos. 1 & 2
Roll program start +4.0 +5.0 TARS bCu
Roll program end +20.48 +10.0 TARS bpcu
Pitch program start Step No. 1 +23.04 +12.0 TARS bcu
Spacecratt shutdown lockout +40.0 NiA 40 seconds to relays NIA
Nos. 1&2
Pitch program, complete Step No. 1, +5.6 NIA TARS NiA
start Step No. 2
Flight control gain change +104. 9% +105 TARS oy
Start telemetry FM/FM recorder +139.52 140 TARS ocu
Arm staging initiste sensors +139.52 140 TARS ocy
+140 NiA 140 seconds © NA
relay
Staging +149 +150 TCPS, shutdown TCPS, APS staging
sensors switch
(1) 87FS2 Stage | shutdown APS & IPS staging
switch
@) 91FS1 Stage |1 ignition
(3) Flight control staging gain change
W) Remove power © Stage | gyros
Pitch program complete Step 2 +156.16 N/A TARS N/A
Radio guidance initiaste +156.16 N/A TARS NIA
Arm Stage 11 low level sensors +322.56 N/A TARS N/A
91FS2 Stage 1) shutdown 3 32% RGSor IGS I16S
NOTE:
MOC  Master Operations Console TCPS  Thrust Chamber Pressure Switch
DCU  Digital Control Unit APS Accessory Power Supply
TARS  Three-Axis Reference System NIA Not applicable
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Stage II shutdown is normally accomplished
by the Radio Guidance System command; how-
ever, it may also be accomplished by:

(1)
(2)

(3)

IGS.
Astronaut.

APS and IPS command control re-
ceivers.
(4)

Stage II propellant shutdown sensors.

Relay No. 2 switches shutdown capability from the
Radio Guidance to Inertial Guidance System.

Aerospace Ground Equipment

The selection of Aerospace Ground Equipment
(AGE) for the Gemini program was influenced by
two major considerations: first, that the launch
vehicle is a modified Titan II; second, that Launch
Complex 19 will be available for this program.

A comparison of equipment selected shows
that, of the 208 AGE control points, 143 involve
Titan equipment used "as is," while 33 involve
Titan-modified, and 32 Gemini~peculiar control
points,

The Ground Instrumentation System at the
launch complex consists of a telemetry ground
station, data recording equipment, signal con-
ditioning, power monitor and control, time code
distribution, control console and associated
patching and cabling equipment. This system
provides a flexible recording system which can
be used to acquire data through umbilical or
transmitted telemetry links.

Checkout and Launch Control

Essentially, the checkout philosophy calls
for a decentralized approach; i.e,, for each ma-
jor airborne system, an equivalent piece of

equipment is provided to check the appropriate
airborne system., Hence, the flight control sys-
tem test set will check out the airborne flight
control system, etc. The relationship of the
various airborne systems and the checkout
equipment is illustrated in Fig, 32.

Each checkout set can operate on its equiva-
lent airborne system virtually independently of
the other equipment., However, during the count-
down phase, all operations performed by the
checkout equipment must be coordinated by the
launch control equipment. The checkout equip-
ment will be predominantly manual, with auto-
matic operation being used only during critical
events or time periods. This philosophy assumes
more importance than ever now that redundant
flight controls and hydraulic components have
been incorporated into the Gemini Launch Vehi-
cle.

Launch control is obtained with the Master
Operations Control System and other related
equipment, including closed circuit télevision
and a community time display board. The Mas-
ter Operations Control System will provide time
coordination during checkout of the launch vehi-
cle and remote control of facilities such as the
process water system and erector. It will also
display the state of readiness of the entire com~-
plex as the various time checkpoints are reached.
Lastly, through use of hold-fire and kill signals,
it will provide the means of permitting or inhib-
iting launch at the predetermined T-O point.

Martin has been assigned the responsibility
of integrating activation of Launch Complex 19
and the Gemini Launch Vehicle Support Area at
AMR (Figs. 33 and 34),

Complex 19 is currently being activated, with
all activities progressing as scheduled. Prima-

LAUNCH VEHICLE
SPACECRAFT
COMMAND
RADIO FLIGHT HYDRAWLIC PROPELLANT BECTRICAL
GUIDANCE CONTROL SYSTEM MbS SYSTEM BNGINE | | DEeRC. MISTRAM SYSTEM >
RLIGHT [PROPELLANT
o | o ol e || || |
TEST SET T el SYSTOM [ coutma SET
BLECTRICAL
FACILITY
O bttt bt o ——— B
p———————— —— —1 r—————= -
———— INDICATES EQUIPMENT OMITTED FOR VERTICAL TEST T wASTR OPERATIONS | L propaLawt
' TcowtRoL SYSTEM | ! | FACILITY
1 - e s
| ————— 8] | |
R R i S
em—q | L _CNSKE L IUAUNCH | [ WATER AND }__L_ o WATER SUPPLY
b AR .!_-.- ----------- +| SEQUENCER | “JERECTOR CONTROLT™™| T system
Liming | —-F= e 1 b e
= e e 41
L—REMOTE KILL SWITCHES L
-+ ERECTOR
I J

FIG. 32. AGE SYSTEMS

™



ADDITIONAL AIR-CONDITIONING SHELTER

UMBILICAL TOWER

APPROACH RAMP

FACILITIES ¢#
TRANSDUCER

ERECTOR,
STAGE Il

L wl
ASSY BLDGS. Assy AREA

SPACECRAFT
U TAND N ”51 ANEK -~

~ HOISTING CRANE
1 e

INSP

“*'— —— WSI7A1 1,12 BANANA RIVER

SCALE IN

€~ + WSI7A2 1516 19&20 : i g
‘ WSIBA  31a% w Sy /* el i me
- MERCURY 14 o

CENTAUR 36

FIG. 33. AGE INSTALLATION --COMPLEX 19

rily, the activation effort on the complex consists

of modifying the following existing facilities: FIG. 34. CAPE CANAVERAL COMPLEX LAYOUT
(1) Blockhouse: the air-conditioning sys- In addition to the facilities to be modified, the
tem only. following new facilities will be added to Complex
19: a new road, located at the north end running
(2) Ready building: double size to house north and south for delivery of the LH, to the
NASA, McDonnell and Martin person-

spacecraft on the pad; an oxidizer holding area;
a fuel holding area; a decontamination building
and an air-conditioning facility for spacecraft
servicing. No new facilities are required in the
launch vehicle support area, except for a com-
ponents cleaning facility which is expected to be
provided by AFMTC for all contractors to use.

nel,
(3) Launch deck: external north end.
(4) Complete vehicle erector: add white

room, second elevator and spacecraft
hoist system.

(5) Second-stage erector: relocate work The design of modified and new facilities has
platforms. been accomplished by Rader and Associates of
Miami, Florida, in accordance with Martin's
(6) Complete vehicle umbilical tower: ex- "Facilities Design Criteria," ER 12053, The
tend height to accommodate two addi- construction of these facilities will be accom-
tional booms for spacecraft, plished by the Army Corps of Engineers. New
and modified AGE will be installed in all those
(7) Second-stage umbilical tower: relocate facilities previously mentioned. All AGE to be
existing booms. installed and checked out is listed in the plan,
(8) Flume: enlarge and rearrange to per- Martin will install all AGE on Complex 19 and
mit quick runoff of expended fluids. in the Launch Vehicle Support Area. Each agency
providing such equipment for installation will
(9) LOX holding area: use as storage area check out and maintain its own equipment through-
for spacecraft AGE service carts. out the program,
(10) Roads and grading: modify south road The activation phase of the program will be
to accommodate fuel and oxidizer hold- considered complete immediately after the first
ing areas. satisfactory flight-readiness demonstration.
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SATURN I STATUS REPORT

Robert E.

Lindstrom

SATURN I/IB Project Manager
George C. Marshall Space Flight Center
National Aeronautics and Space Administration

Gentlemen, I will present today the status of
NASA's SATURN I program. In doing this, I will
cover NASA's requirement for SATURN I, the scope
of the job being undertaken and a brief summary
of the SATURN development history. I will also
give a brief review of the vehicle configuration,
the schedule and development status, our flight
test objectives and accomplishments, and will close
with a short film of our last test flight, vehicle
SA-k,

Let us first look at the NASA requirement for
SATURN (fig. 1). SATURN I will give us our first
large orbital payload capability. NASA will
specifically use this capsbility for inflight
qualification of the APOLLIO command and service
module and provide crew training. Further,
SATURN I gives us the basic first stage for the
SATURN IB vehicle and pioneers hydrogen technol-
ogy for SATURN IB and SATURN V.

How big a job is SATURN I? Todey (fig. 2) at
the Chrysler Corporation Michoud Operations at the
NASA Michoud plant, we have some 3,000 persons
engaged in manufacture of the S-I stage. This
number will rise to 4,000 as the SATURN IB program
begins to be felt. At Douglas Aircraft in Santa
Monica, 2,200 people are engaged in the development
and production of the S-IV stage, while an addition-
al 500 engineers and technicians are handling the
static test program at Sacramento. At Marshall,
we have 2,500 civil service people engaged in the
systems integration, design, booster assembly and
checkout, and instrument unit assembly and check-
out. Engines, the H=l1 from Rocketdyne and the
RL-10 at Pratt and Whitney, employ an additional
L#,500 persons at these companies. These major
centers of activities are supported by a large
complex of subcontractors, suppliers, and vendors.

To develop SATURN I and complete the ten
vehicle development launch program will cost the
country some 795 millions (fig. %). This includes
the flight test of ten SATURN I vehicles, develop-
ment and menufacture of thirteen S-I stages, the
establishment of the Chrysler Michoud operation,
the development and flight testing of the guidance
system, and the development and manufacture of
eight instrument units, and the establishment of
two launch complexes at the AMR. Further, signi-
ficant steps are being taken in vehicle launch
automation which give early development progress
toward the SATURN V vertical assembly and launch
concept.

Historically (fig. 4), SATURN I started as an
ARPA project in 1958, the objective being to static
test a multi-engine booster of 1.5 million pounds
of thrust. ARPA next initiated a series of studies
on upper stage configurations and mission require-
ments. In May of 1959, a modified Titan first
stage was selected. This lasted some six months,
and in December of 1959, the Silverstein Committee

recommended a lox-hydrogen stage for higher pay-
load and long-range goals. This stage, a four
engine S-IV, was intended as a third stage .of the
C=2 vehicle but was developed first due to the
availability of the RL-10 A~3 engine. In April

of 1961, we modified the vehicle design by adding
two engines to the four engine S-IV stage, elimin-
ating the third stage, improving the first stage
and today we have this SATURN I vehicle.

The SATURN I has two stages. (See fig. 5.)
The first stage, the S-I, has eight H-1 engines,
uses lox-kerosene for propellants, is 80 feet long,
and carries 850,000 pounds of propellants. The
second stage, the S-IV, has six RL-10 A-3 engines,
uses lox-liquid hydrogen for propellants, is 41 feet
long and carries 100,000 pounds of propellants.

In a standard flight, the S-I stage is ignited
and held down for 3.5 seconds to assure satisfactory
H-1 engine operation. Prior to initiation of the
tilt program, the vehicle is rolled into its flight
azimuth from a fixed launch azimuth. Ten seconds
after lift-off, we begin a gravity tilt program
achieving a 66 degree path angle at 146 seconds,
the burn-out of the first stage. After staging,
the S-IV stage burns some 470 seconds, injecting
the payload into orbit at some 1,400 miles from
the launch point.

NASA has 16 SATURN I flight vehicles scheduled.
(See fig. 6.) Ten of these vehicles are considered
as launch vehicle development flights. The remain-
der are considered operational flights and will
carry a manned APOLLO mission. Our flight test
program began in October 1961 and we have had four
successful flights of the Block I, or single live
stage, configuration. Our next flight, a two-stage
vehicle, is scheduled for launch in August of this
year. If all goes well, this flight will put some
17,000 pounds payload in orbit. We have five
additional two=-stage flights scheduled for the
period December 1963 through December 1964, prior
to our first manned flight on vehicle 111 in
March 1965.

The H-l engine used in the S-I stage has an
extensive test history. (See fig. 7.) We have
accumulated approximately 29,000 seconds of firing
time on production H-1l engines.

On the S-I stage, the cluster of H-l engines,
we have accumulated approximately 3,000 seconds
of static test time (fig. 8

The RL-10 engine history has over 100 hours
of hot firing time to date (fig. 9).

The S-IV stage has 3,160 seconds of static
test time to date and we project some 1,400 addi-
tional seconds prior to the first flight and
some 22,360 seconds prior to the first manned
flight.
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I would like to cover, in somewhat more
detail, flight mission plans for the next seven
SATURN I vehicles. (See fig. 10.) As we see from
the chart, we are talking about vehicles SA-5
through SA-111. All these will be two-stage
vehicles. All will be programed to achieve an orbit
with the spacecraft. On SA-5, we will fly our
guidance system, with principle components being a
Bendix stable platform and an IBM guidance computer
as a passenger. Our goal is to have active guid-
ance on SA-6 and thereafter.

On SA-5, we will have a standard nose cone.
SA-6 and subsequent vehicles will carry either
APOLLO boilerplate or flight spacecraft modules.

As previously mentioned, we consider the
vehicle R&D program to end at SA-10. Vehicle
SA~111 will be identical to SA=10 but will have a
major portion of the RAD instrumentaion removed.
The SA-6 and SA-T7 are intended to secure APOLLO
spacecraft launch phase environmental data, SA-8
and SA-9 will test the crew abort system, SA-10
will be a complete flight test of an unmanned
APOLLO command module and service module, and
SA-111 is planned for the first manned orbital
flight of APOLLO. Other missions we will undertake
will be a tape recorder in SA-5 and a micrometeore
ite detection satellite flown on vehicles SA-8 and
SA-9.

”

This is where we stand today:

1.

The S-I stage is in an advanced develop-
ment state.

The S-IV stage has had good static and
ground test results. The flight test
program remains to be accomplished.

Guidance components passenger flights
have been successful. TFull system tests
remain.

Flight and dynamic control systems tests
have been successful and give no indi-
cation of potential problems.

Industrial, test, and laupch facilities
required to support the total program will
be completed by the end of this year.

FIRST LARGE
FIRSCRIN = 22,500 Lbs 105 N Orbit
CAPABILITY
B APOLLO IN-FLIGHT QUALIFICATION AND CREW TRAINING
8 FIRST STAGE for SATURN IB
8 PIONEERS HYDROGEN TECHNOLOGY for SATURN IB & V.
Figure 1. - NASA requirements for Saturn I
NO.
LOCATION EMPLOYED
CHRYSLER MICHOUD 3,000
DAC, SANTA MONICA 2,200
DAC, SACRAMENTO 500
MSFC, HUNTSVILLE 2,500
ROCKETDYNE, CANOGA PARK
AND NEOSHO, MO. 1,500
P&W, PALM BEACH AND
HARTFORD 3,000

Figure 2. - Scope of activities.
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ESTIMATE TOTAL COST 795.0 MILLIONS.

WHAT DOES IT INCLUDE:

e TEN LAUNCHES

e DEVELOPMENT AND MANUFACTURE OF 13
S-I STAGES

e DEVELOPMENT AND MANUFACTURE OF 10
S-1Vv STAGES

e ESTABLISHMENT OF CSD MICHOUD
OPERATIONS

e DEVELOPMENT AND PROCUREMENT OF THE
GUIDANCE SYSTEM

e DEVELOPMENT AND MANUFACTURE OF 11
INSTRUMENT UNITS

® SIGNIFICANT STEPS IN AUTOMATION LEADING
TO SATURN V LAUNCH CONCEPT

Figure 4. - History.

l SECOI STAGE| CENTAUR AS THIRD STAGE.
DEC 1959 . *"T'El

P/ TITAN AS SECOND STAGE.
PO LRTUE Il S-IV STAGE TO SIX ENGINES. THIRD STAGE

Figure 3. - Saturn I development program.




GUIDANCE: INERTIAL

CONTROL: GIMBALLED ENGINES
PAYLOAD: 7 TONS IN 300 MILE ORBIT
OR- 10 TONS IN 140 MILE ORBIT
VEHICLE: LENGTH 184 FT
WEIGHT FUELED 550 TONS
WEIGHT EMPTY 65TONS
STAGE SIZES:
S-1__ 257"x80
-V 220" x4r
STAGE THRUST:
-1 1,500,000 LB
8 H-1 LOX/RP-1 ENGINES
S-IN____ 90,000LB
6A-3LOX/LH,__ENGINES

M-MS-G 14-1-63 MAR 4,63
M-CP-D FEB 28,63 M-CP-D 1002

Figure 5. - Saturn I (Block II) characteristics.

, 1961 1962
T
| SA-1 &0CT
|
{
Live S-I | sa-2 & APR
Dummy S-IV ‘ :
Dummy S-¥ i
Jupiter Nose Cone | sA-3 & NOV
SA-4 & MAR ,
|
[ sa-s | © AUG |
| SA-6 ‘ O[DEC
| sA-7 | O MAR |
s-I | a9 | © JUN il
S-1v | SA-8 | Peoln]
Instrument Unit | sA-10 ‘ ©|DEC (s
Jupiter Nose Cone (SA-5) SA-In | | A MAR
Apollo Boiler Plate | sa-n2 | : AN
CM& SM - [sa-m3 , e ASeP. ool ]
| sA-n4 | ADEC |
SA-115 SPARE | 1 | AMAR | ]
SA-116 SPARE gc@;;;&f;g;zg;\ I & JUN |
o . A ‘

Figure 6. - Saturn I launch schedule.
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BURNING T'ME
BY BOOSTER NUMBER

BURNING TIME

CUMUL ATED
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TEST

-

1961 1062 1963 1064 - 1960 1961 1962 1063 1964 1965 986

1,200,000

TOTAL FIRING TIME
TOTAL FIRINGS

400,000

TOTAL FIRINGS

1962 1963 1964

ACTUAL PLANNED

TOTAL FIRING TIME-SEC

Figure 8.- RL-10 total firing time.
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SECONDS

Figure 9. - S-IV stage static test times.

SATURN 1T
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OTHER
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1. VOICE TRANSMISSION FROM SA-5 IN ORBIT
2. MICROMETEOROID SATELLITE, SA-8, SA-9

Figure 10. - Saturn I missions.




Saturn V Launch Vehicle Program

James B. Bramlet

Saturn V Project Manager

George C. Marshall Space Flight Center

National Aeronautics and Space Administration

For a brief glimpse of the Saturn V Program, I will
discuss the following areas: (1) the background of
the Saturn V, (2) the vehicle characteristics, 3)
the ground test program, (4) the flight test pro-
gram, and (5) a general program status.

Background
The Saturn V launch vehicle emerged from a series

of studies conducted at Marshall Space Flight
Center during 1961 and consistent with the NASA
overall manned lunar landing program definitions.
The NASA requirement for the launch-vehicle portion
of the manned lunar landing task was studied in
three principal modes of operation: (1) earth orbit
rendezvous, (2) lunar orbit rendezvous, and (3)
direct ascent.

The selection of the Saturn V configuration was
made in early 1962 on the basis of the following
performance capabilities for the three modes of
operation: (1) earth orbit rendezvous - 125 tons -
to near earth orbit, (2) lunar orbit rendezvous -
45 tons - to the 72-hour translunar injection point,
and (3) direct ascent - 20 tomns soft landed on the
lunar surface.

In mid-1962, NASA selected lunar orbit remdezvous

as the operational mode for accomplishing the lunar
landing mission. All development efforts for the
Saturn V launch vehicle are directed toward support-
ing the LOR mode of operatiom,

Our present project authorization is based upon a
ten-vehicle R&D flight development program; however,
our planning is extended to include five follow-on
operational vehicles, and our long-range plan is
based upon a sustained manufacturing, testing, and
launching capability of one vehicle per month. A
few of the major accomplishments and milestones are
listed in the following chart (Figure 1).

Vehicle Characteristics
The characteristics of the Saturn V launch vehicle
are illustrated in Figure 2. Of the 6 million
pounds launch weight of the vehicle, 5.56 million
pounds are propellants. These weights are broken
down as follows: 4.4 million pounds of liquid
oxygen/JP fuel in the first stage, .93 million
pounds of hydrogen/oxygen in the second stage, and
.23 million pounds hydrogen/oxygen in the third
stage. I have not included the propellants con-
tained in the spacecraft.

The first stage (S-IC) is propelled by five F-1
engines, each developing a thrust of 1% million
pounds, for a combined liftoff thrust of 7% million
pounds. The second stage (S-II) is propelled by
five J-2 engines, each developing 200,000 pounds,
for a total thrust of l-million pounds. The third
stage (S-IVB) is propelled by a single J-2 engine,
providing a thrust of 200,000 pounds.

An Instrument Unit rides atop the third propulsive
stage and aft of the spacecraft. This unit con-
tains the guidance and control instrumentation for
the three propulsive stages. The first and second
stages have a four-outer-engine-gimbal capability
to provide roll, pitch, and yaw control. Auxiliary
attitude control is provided to the third stage by
attitude control modules.

Operating times for the stages are essentially as
follows: (1) first stage, approximately 150 seconds,
(2) second stage, approximately 400 seconds, and
(3) the first burn of the third stage is approxi-
mately 165 seconds into a low-earth waiting orbit.
After a waiting orbit of up to 4% hours, the second
burn of the third stage is initiated; this burn
time, expected to be in the order of 310 seconds,
injects the payload into the 72-hour earth-moon
tramsit.

Ground Test Program
The principal elements of the Saturn V ground test

program are illustrated in Figure 3. A major
emphasis is placed on an adequate ground test pro-
gram, Since the expense of each flight test
vehicle is quite large, the number of flight tests
is kept to a minimum, consistent, of course, with a
reasonable number to provide correlation between
ground and flight environments.

The ground test program for component selection and
qualification is underway, at this time, in many
areas of piece parts and what we call "speciality"
items, such as valves, bellows, seals, flanges,
switches, electrical boxes, etc. These items are
not only under continuous design review of a
theoretical nature involving “"criticality" evalua-
tions, but are also under strenuous testing to
reveal short-comings that can be corrected before
the stage systems development tests get underway.

Development test capability is provided in close
proximity to the design and engineering activities.
For example, in first stage (S-IC) activities,
MSFC, with the assistance of Boeing, is fabricating
and assembling the first ground test stage and the
first flight test stage. The static test and
development stage will be test fired at Huntsville
on the test stand which is now well along in con-
struction. Stage structural testing will be
accomplished in the laboratories of the Marshall
Center.

The development test area for the second stage,
§-II, is located in Santa Susana at the North
American Aviation propulsion development site. Two
test stands are being prepared for early battleship
and all-systems testing.

For the S-IVB, the Douglas Aircraft test area in
Sacramento will be utilized for development testing.
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The S-IVB stage is a common item for both the
Saturn V and Saturn IB programs.

Vehicle systems development testing will be con-

ducted at Marshall Space Flight Center, where all
combinations of flight configuration will be sub-
jected to dynamic analyses.

At the Launch Operations Center, in Merritt Island
Launch Area, a functional launch vehicle system
will be provided for facilities checkout. The
degree of automation and the complexity of opera-
tion involved in a multi-stage vehicle of this type
have prompted a very thorough. operational develop-
ment program for the NASA launch complex 39. The
respective stages will be assembled into a func-
tional configuration, so that, generally, the
entire operational procedure can be developed prior
to the receipt of the first flight vehicle. This
step is taken to assure that the flight stages are
not exposed to the initial activities of the
Integrated-Test-Launch concept.

Flight Test Program

The flight test program (Figure 4) will start in
early 1966. The first three flights are established
to test, progressively, the flight stages. For the
initial Saturn V flight a live first stage is to be
used with inert upper stages. On the second flight,
both the first and second stages are planned to be
live, with the third stage inert. All three stages
are to be live on the third flight. The fourth
flight is backup and will provide development
confidence and reliability. The fifth and sixth
flights are considered to be preliminary launch
vehicle qualification flights; that is, these
vehicles should be capable of demonstrating full
performance capability. Launch vehicles seven
through ten are termed "developmental - manned
qualification." This series of flights will
commence in mid-1967. The operational program
begins with vehicle number 511, scheduled for

early 1968.

General Status
The final comments of my presentation deal with
program status as of this time,

We are in the sixteenth month of the configurated
and approved program. The decision as to. the
operational mode was made nine months ago and a
further refinement of the launch vehicle criteria,
involving structural definitions based upon mission
profile, began at that time.

The manpower presently engaged in the development
effort totals in excess of 12,000 direct personnel
in the major contract areas of: (1) Boeing Aircraft
Company - S-IC stage, (2) Space and Information
Systems Division (NAA) - S-II stage, (3) Douglas
Aircraft Company - S-IVB stage, and (4) Rocketdyne
(NAA) - F-1/J-2 engines.

Peak manpower estimates for the four major contract
elements noted above are forecast at some 15,500
direct persomnel in the 1964/1965. This increase
will be in the test, operation, and manufacturing
buildup since most areas of engineering are at near
peak at this time.

Let me again emphasize that these figures are for
the first-tier development contracting only.

At Marshall Space Flight Center, 1,000 direct civil
8k

service persomnel are engaged in the management ,
systems integration and the design, manufacturing,
test and quality control-of the Saturn V project.
This number is expected to increase to 1,800 in
fifteen months as the phase-over from Saturn I to
Saturn V continues.

With regard to the longest leadtime item, that is,
facilities (authorization and construction), we are
now at the estimated 85% point with regard to
approvals, authorizatioms, etc. and about 607 in
the construction phase. Many items are being
activated and placed into operation; for example,
S-IC tooling installation which is going on in the
Huntsville shops at this time. Other examples are
the static test facility at Huntsville and the
structural test facility, also at Huntsville. In
the Michoud area, facility modification has been
completed in many areas, and the Vertical Assembly
Building is under comstruction. These facilities
deal solely with the first stage.

Concerning the second stage, the entire Seal Beack
construction program is underway, and the first
building was completed to the status of joint
occupancy in January 1963. Tooling is being
installed for structural fabrication. Stage
development test facilities are under construction
at Santa Susana, California.

With regard to the S-IVB stage, facility modifi-
cation in the Douglas Aircraft Company's plant at
Santa Monica is underway. Components will be
fabricated in this plant. The final assembly of
S-IVB will be performed by Douglas in the

Huntington Beach area, a new location being
developed by Douglas. Occupancy of the major build-
ings will be phased-in by October 1963.

The static test facility at Sacramento is presently
in a site-preparation phase. Construction awards
were made in March 1963.

We estimate that we have completed approximately
45% of the detail design and engineering for the
Saturn V vehicle and released about 15%.

By the end of this year our schedules require the
release of the major portion of all engineering.

Tooling designs are complete for all major struc-
tural elements, and tooling fabrication is
approximately 75% complete. As you have already
seen, some of this tooling is in operation.

With regard to structural components, Boeing has
delivered, out of the Michoud Plant, two Y-Rings
which involve a major machining operation. These
rings are fabricated from three 120-degree segments
welded together to give a 33-foot-diameter ring.
The first Y-Ring has been delivered to Huntsville
for final welding operation into the early struc-
tural test tanks.

In Wichita, gore segments are being fabricated for
S-IC tanks. First delivery of F-1 engines for
stage assembly will be accomplished by the end of
this year.

The same general status exists for the two upper
stages. J-2 engines will be delivered by the end
of this year to start the first preparation for
stage mating. These early engines are scheduled
for use with heavy-wall, battleship-type tankage.




Structural components are being fabricated at this
time,

In conclusion, the Saturn V Project is proceeding
at a rapid pace. Our schedules are tight but are
within bounds of our capability, assuming timely
and adequate funding. We have a highly competent
industrial team already functioning in the develop-
ment of major vehicle elements. We have a real
sense of urgency toward the task we have undertaken.
I am confident we can provide a launch to meet the
President's stated requirement for "a manned lunar
landing in this decade."

1961
May Engineering studies of Advanced Saturn
Rocketdyne selected to develop upper stage engine
July First firing of F-1 engine system
September Michoud Plant selected for NASA use
Douglas Aircraft selected to develop S-IVB stage
S&ID selected to develop S-II stage
October Test location selected - MTF
December Boeing Aircraft Company selected to develop S-IC
1962
January Saturn V configuration selected by NASA
First firing of J-2 engine
March Sverdrup parcel selected to plan and design - MIF
April DX priority established for program
May Full thrust/full duration firing of F-1 engine
July 1OR mode selected to accomplish first manned lunar landing
October Full thrust/long duration firing of J-2 engine
November First major tooling for S-IC delivered
1963
January First increment of Seal Beach (S-II) fabrication facility readied
February Delivery of first S-IC structural components from Michoud Plant
March First S-IC bulkhead gore segment welded

Figure 1.~ Saturn V milestone chronology.
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FIG 2 SATURN C.5 LAUNCH VEHICLE

Figure 2.- Saturn V launch vehicle.




Designation

Configuration

Flight Configuration,

Mission

Certify structural integrity

of each complete stage structure
under simulated critical load
conditions.

Captive testing to develop
functional, operational, design,
proof, performance, reliability
of stage system

Determine under various flight
configurations the dynamic
response, structural flexture, etc.

Complete checkout LC 39 determine
functional compatibility of
vehicle with instrumentation
system, automatic GSE, facilities
support system, etc. before
arrival at first flight vehicle

Figure 3.- Saturn V ground-test program.

SA-500-8 Structural Stage
non-functional
SA-500-T Battleship Stage
functional systems
All System Stage
all flight systems
SA-500-D Dynamic Vehicle
functional systems
SA-500-F Facilities Vehicle
Flight Configuration
functional systems
Designation Configuration
SA-501 S-IC - Active
S-II - Inert
S-IVB - Inert
SA-502 S-IC - Active
S-II - Active
S-IVB - Inert
SA-503 All Stages Active
SA-504 All Stages Active
SA-505 All Stages Active
SA-506 All Stages Active
SA-507 All Stages Active
SA-508 All Stages Active
SA-509 All Stages Active
SA-510

SA-511 & Subs.

All Stages Active

All Stages Active

Mission

Structural Integrity, Flight
Environment, First Stage Flight
Performance

Structural Integrity, Flight
Environment, Separation and Control
First and Second Stage Flight
Performance

Structural Integrity, Flight
Environment, Vehicle Performance,
Separation and Control

Preliminary qualification,
Performance and Control accuracies

Vehicle capability and reliability

Developmental-Manned qualification

Operational

Figure 4.- Saturn V flight-test program.
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TRENDS IN MANNED SPACECRAFT SUBSYSTEMS

R. L. Shahan
Chief Physics Technology X-20 Branch
Aero-Space Division
The Boeing Company

I.  INTROWUCTION

The purpose of this paper is to provide the
system oriented space engineer and scientist with
a perspective view of the growth of manned space-
craft subsystems from first flight to future re-
quirements and the techniques for accomplishing
these requirements. Rather than attempt to de-
scribe each requirement and development which
has been achieved or will be achieved for the
many subsystems on modern spacecraft, the ac-
complishments, growth and future of a selected
set of subsystems is traced to develop trends.
The vehicle attitude control and life support
systems whose design is usually very dependent
on vehicle and mission requirements are not
treated. Likewise the mission subsystems for
rendezvous and rescue and the military mission
subsystems for rendezvous, docking, inspection,
reconnaissance, recovery and all weather landing
are not discussed. Subsystem trends are de=-
veloped for the following subsystems:

Guidance

Pilot Display and Comtrol
Communications

Power Generation
Envirommental Control

The first part of the paper is devoted to de-
scribing the requirements and capabilities of
these subsystems for the currently comtracted
manned spacecraft programs.

What ve have learned from Mercury flights, ana.
lytical work and ground tests on the programs
yet to fly is then described by choosing
examples to illustrate trends.

Finally, the remaining portion of the paper is
devoted to what future subsystems need to do
and techniques which may be employed to achieve
these more stringent requirements.

The manned spacecraft subsystem trends as de-
veloped Ly this paper can be summarized as
follows: the subsystems must do more for longer
times with increased reliability and at less
weight and power. The most useful concepts de-
veloped to accomplish these increased objectives
are further exploitation of the use of man as an
active element in the subsystems; the use of
backup systems on the vehicle, or ground based,
vhich permit partial, safe mission completion,
end the implementation of the best combinations
of reliability improvement techniques for the
specific mission and subsystems involved since
reliability is the biggest single problem facing
future manned spacecraf't subsystems.

II. THE SUBSYSTEMS IN CURRENT MANNED
SPACECRAFT PROGRAMS

II.A. Guidance Subsystems

Figure 1 compares the guidance subsystem re-
quirements and capabilities for the currently
programed manned spacecrafts.

Mercury employed ground based guidance for the
simple reason that successful manned flights
were a prerequisite for introduction of the man
and man's capabilities in the zero g environ-
ment of gpace were too unknown to place primary
dependence on him.

Little use was made of man to guide the Mercury
vehicle. An override on the retro function was
provided to permit firing the retro rocket
manually if ground control faeiled so that the
pilot could at least return himself to earth.

Attitude control involving modes from ground con-
trolled automatic, automstic under pilot control,
to strictly maenual control were provided and
utilized to good effectiveness when failure oc-
curred but this was attitude control not guidance.
Man lived up to our highest expectations and
proved to be dependable and adaptive.

The X~-20, planned from the start as a system to
demonstrate self-contained capability, is
equipped with an inertial system and ground track-
ing information is not required or normally
employed. The guidance system although designed
to provide, as in Mercury, for unmanned flights
is designed primarily for pilot usage. The pilot
may choose automatic flight to & selected desti-
nation within a 5,000 by 3,000 mile footprint or
may direct the vehicle manually by means of a
continuously corrected energy management display
to any one of ten destinastions or abort sites
which can be reached from almost every point on
the trajectory. With the large footprinmt pro-
vided by the high 1ift to drag ratio capability
of the vehicle, selection of alternate landing
sites located several hundred or thousand miles
apart 1s possible after the retro rocket has

been fired.

Because of the large forgiveness factor provided
by the large variation in 1ift to drag, an
emergency re-entry system utilizing directly
measured values of perigee acceleration and
temperature can be used by the pilot to manage
vehicle energy to reach a planned destination

vhen a primary guidance failure occurs. In scme
cases landing at this destination will be possible
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With minor emergency re-entry equipment changes
lending at the destination will alvays be
possible. As can be seen from further examina-
tion of Figure 1 the weight 1s considerable for
this self-contained system as compared to that
on Mercury. The reliability of the primary mode
guidance system is expected to be inadequate for
the initial ten flights. There is therefore a
requirement for a backup system of some sort.
The emergency re-entry system or an extremely
simple backup system (1like the one described
later in this paper as an example of a way to
achieve mission reliebility) is required.

The Gemini guidance system employs a ground up-
dated inertial system with the additional feature
of a horizon scanner to permit shutdown of the
system in space thereby achieving & major saving
in electrical energy and hopefully an improve-
ment in overall guidance reliability. With
ground updating of position and velocity from a
ground tracking network the landing area foot-
print is in the order of 450 x 150 miles. Shoulé
self-contained operation be required (no positior
and velocity updating) the footprint for mission
planning purposes is reduced to the point where
only the destination selected at retro firing
can be reached. In the case of the X-20 the
effect of position, altitude, and velocity
guldance uncertainty at retro-rocket firing is
to reduce the footprint from 5,000 x 3,000 miles
to 4,400 x 3,000 miles.

As in X-20 extensive use will be made of the crew
as mode selector and to provide backup capability.

Both X-20 and Gemini systems are provided with
sufficient computer capability to permit incorpo-
ration of rendezvous and other mission
capabilities.

The Apollo camand module is called upon to
perforn a much more exotic guidance mission than
the orbital systems described above. The primary
system is inertial with a second inertial system
installed to enhance reliability. Manual tri-
angulation by the crew and command information
from the Deep Space Tracking System can be em-
ployed as additional backup for primary guidance
failure. Because of the long mission, completion
of the mission becomes more practical than abort
in many cases. The guidance system therefore
needs to be designed to sustain multiple failures
and still permit mission completionm.

Reliability is therefore the biggest single
guidance problem for lunar and, to an even
greater degree, for planetary missions.
II.B. Pilot Display and Control

As mentioned earlier, on Mercury man's capa-
bilities in the then unknown enviromment of space
were to be tested, not depended upon from the
first. A monitoring capability was provided,
therefore, wherever possible gl emergency control

capability was provided as backup primarily for
reliability purposes on important functions such
as de-orbit and attitude conmtrol as shown on
Figure 2 . As we can also see from this figure
all other mission functions were controlled from
the ground on Mercury.

X-20, with potential military use as a design
criteria employed & self-contained rather than a
ground controlled concept. Boost is monitored
by the pilot and since guidance law gains have
been set low, several seconds of warning are
available before critical booster angle of attack
can be reached. The pilot could take over, in
such an emergency, and control the booster.

Automatic and manual primary control and manual
backup subsystem control are provided for the
injection, de-orbit and re-entry functions. The
pilot is always the mode selector and after se-
lecting the mode to control the vehicle he will
monitor this system with the remaining modes
available. As with Mercury several flight comtrol
modes are available.

On the X-20, vehicle attitudes to reach landing
choices available are shown on an energy manage-
ment display. The display mechanizes the concept
shown on Figure 3 . Here we see a campletely
manual technique wherein the pilot selects, based
on vehicle energy (velocity and altitude), the
proper overlay for the particular path over the
flat projection (map) of the earth. With position
and course obtained from the inertial system he
can position the overlay on the map and determtne
what landing sites can be reached by reading
through the overlay.

The completely automatic system wherein guidance
law equations are mechanized within the digital
guldance camputer to accomplish the same result
is also illustrated.

Figure 4 illustrates a laboratory model of an
energy management display which mechanizes the
manual technique just described in such a way
that only one set of symmetrical overlays are
required for any path arcund the earth. Here, a
range to go subroutine and a cross range to go
subroutine are utilized to generate the range to
go ( Y AXIS Voltage) and the cross range ( X AXIS
Voltage) sequentially for 10 landing sites and
this is repeated 20 times a second. The result
i8 10 landing sites appearing as dots on the
cathode ray display. Since the sites are plotted
relative to the instantaneous velocity vector of
the vehicle, symmetrical overlays can be employed.
The overlay selected to match the current veloeity
of the vehicle as indicated by the inertial guid-
ance system 1s automatically pulled into place

in front of the cathode ray display.

The pilot can select his landing site, read off
the angle of attack and bank angles to fly and
then control the vehicle to these angles or others
he may choose to "over" or "under" conmtrol the
vehicle. In a more recent verslon of this system




the safe flight limits of the vehicle are also
plotted on the overlay and another distinctively
different symbol is generated on the cathode ray
display to denote the vehicles current status
relative to this display.

"Backup" energy management displays on the
pilots instrument panel permit yet another mode
of piloted energy management.

Gemini, as can be seen by referring again to
Figure 2 , makes more extensive use of man in
control of the vehicle than was done in Mercury.
Since range is controlled by rolling the vehicle
to modulate L/D , range control is a function
of roll regime. With the inertial guidance sys-
tem aboard the vehicle this systems measure-
ments can be displayed to the pilot for his
direct use. Since man was shown to be capable
of normal pilot responsibilities by the Mercury
flights, Gemini plans are to greatly increase
his role in control of the vehicle. Decisions
such as utilization of ground based tracking
data or self-contained operation to determine
retro-rocket firing can be made on board. The
pilot will do the guidance shut down and assist
in restart of the system. Extensive mode selec-
tion to be performed by the pilot is being
incorporated into the primary guidance system
to enhance reliability. A backup or secondary
guidance system may be evolved to enbance
mission reliability.

Apollo, with a much more complex mission, even
for just the command module, and for a longer
mission duration is planned to employ both auto-
matic and manual control and through the crew
utilize,as a backup,guidance information from
the Deep Space Tracking Facilities. Details of
displays and controls were not available since
they had not been finalized. Use of the re-
dundant inertial system in the LUNAR EXCURSION
MODUIE or parts of this bubsystem is being
studied for example.

Although abort modes will be incorporated, the
current NASA concept is to provide sufficient
backups to make mission completion reliable.

II.C. Communication Subsystems

Ultra High Frequency (UHF) in the order of 300
Megacycles and High Frequency in the order of
15 Megacycles/s commmunication was provided on
Mercury to provide voice and T5 KC bandwidth
of telemetry. The world wide Mercury tracking
network was provided with receivers and tramns-
mitters for these frequencies, Essentially
horizon to horizon coverage is possible except
vhen re-entry blackout lasting in the order of
several minutes is encountered at the end of the
flight. See Figure 5 .

A requirement for the X-20 communication system
was to provide voice and 750 channels of
telemetry during the 30 minute re-entry period
of the vehicle. Satisfactory communication

during the hottest portion of the re-entry
f£light was considered of utmost importance since
telemetry data would be invaluable in deter-
mining causes of failure should a vehicle be
lost during this portion of the flight. Studies
of the flow fields led to choices of low elec-
tron density, thin shock locations for the
antenna outboard on the under side of the wings
and on the top centerline. To minimize the
number of ground stations for vehicle angle of
attack varying from 15 to 55 degrees, top and
bottom antennas were provided. Two transmitters
each modulated by the total telemetry and voice
information and operating at slightly different
frequencies feed top and bottom antennas re-
spectively thereby avoiding pattern lobing by
frequency diversity.

Ten to 13.5 kilomagacycle frequencies were found
to be the lowest frequencies which remained
above the plasma resonant frequency (fp) for all
but & few seconds of flight. Attenuations in
the order of 60 db corresponding to power
levels one million above levels required for
free space tranamission would be required for
transmission at frequencies below fp . The

10 - 13.5 kmc range was also the highest fre-
quency at which sufficient airborne transmitter
power could be obtained from available tubes

to provide horizon to horizon coverage and
thereby reduce the number of ground and ship
borne stations. Blackout or unexpected coverage
gaps for periods of no more than a few seconds
are expected.

II.D. Power Generation Subsystems

Power generation subsystems for specific space-
craft and missions are selected in early vehicle
design development phases through comprehensive
"trade” studies. These studies assess the rela-~
tive advantages and disadvantages of alternative
system concepts considering factors such as
system weight, volume, reliability, servicing
and maintenance requirements, compatibility with
vehicle configuration limitations, and the sev-
eral factors associated with system development
risk, including the state-of-the-art of the
technologies associated with a particular con-
cept and system development schedules and cost.

Figwe 6 shows the results of such studies by
noting selected systems for existing spacecraft
programs. In addition, the curve depicts an
estimate of the trend in manned spacecraft power
requirements.

7 depicts a rather conventional method
of illustrating the applicable power/time regime
for alternative space power systems. The system
ares boundaries are determined primarily on the
basis of system weight and must be treated as
broed gray bands rather than firm lines of de-
marcation due to the significant influence on
system selection of factors other than weight
as mentioned above. The Mercury, Gemini, and
Apollo spacecraft all depend on zinc/silver
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oxide batteries as a source of power during the
re-entry phase of their missions. This selection
is consistent with reliability needs (batteries
being "static" in operation with long history
of reliable operation) and minimum system weight
objectives (the re-entry phase for ballistic
re-entering shapes being of short duration with
relatively low power requirements). Battery
power was &lso found suitable for the Mercury
mission orbital phase. However, for orbital
duration up to fourteen days as specified for
Gemini and Apollo, it was necessary to develop
a more suitable power source. Recent develop-
mental emphasis on fuel cells will result very
soon in power systems fully qualified to fit the
needs of Gemini and Apollo and with continued
development, should fill an ever-expanding area
in the Figure 7 power/time regime.

With the significantly higher power required for
flight control surfaces actuation in exploration
of controlled re-entry flight, it was found that
a cryogenic chemical fueled dynamic engine best
met X-20A mission requirements. Advantage is
also taken in this application of integration
with the envirommental control system to allow
the cryogenic hydrogen to serve as a sink for
waste heat before it is passed into the power
unit combustor.

Space power system application studies have shown
the need to emphasize reduction of load demands
because of the significant penalties associated
with placing large power generation systems and
waste heat rejection systems into space. The
present high premium placed on space vehicle sub-
system weight 1s expected to continue. Although
boosters are in development that will be capable
of launching much larger payloads than at present,
this increased capability will and should be re-
served largely for accomplishing expanded mission
objectives rather than vehicle supporting sub-
systems. For relatively short missions (under
2k hours) and a given power demand, emphasis must
be placed on design concepts that minimize the
fixed weight of the power system. As mission
time requirements increase, ever increasing at-
tention must be given to methods that minimize

or eliminate the need for expendable energy
sources such as chemical fuels. The high effi-
ciency of chemical to electrical energy con-
version exemplified by hydrogen and oxygen fuel
cells and the use of solar and atomic energy
sources, permit extended duration space missions
with reasonable system weight penalties.

II.E. Environmental Control Systems

Figure 8 shows the magnitude of the heat load
that mst be accommodated in currently program=
med space vehicles. The significantly higher
heat load of the X-20A vehicle reflects the high
electric load requirements for self-contained
guidance capability, a reserve for mission sub-
systems, a large test instrumentation system,
and the hydraulic system which remains in opera-
tion, although at reduced pressure, throughout
the presently planned missions. Cryogenic
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hydrogen provides the heat sink for metabolic
heat, equipment waste heat, and for aerodynamic
heat that passes through the structure, insula-
tion, and water wall. The cryogenic hydrogen
that is used as a heat sink is subsequently
routed to the combustor of the APU's and the
excess, If not required by the power unit, is
vented overboard. The power requirements, and
thus the waste heat load, of Mercury, Gemini
and Apollo are considerably reduced from the
X-20A requirements. The thermal loads are con-
trolled through water boiling on the Mercury
vehicle. Radiators are used on the Gemini and
Apollo to reject waste heat to space.

Figure 9 indicates that for space or orbiting
missions of approximately six hours or more,
radiation of waste heat to space during the
orbital phase of a mission provides a weight
advantage over the use of stored expendables.
For space missions of & week or more duration,
the weight of expendables becomes prohibitive
whereas radiator weights are reasonably low.

The increase in radiator weight with mission
duration is due to required protection from meteo-
roid penetrations and the longer life required
of heat transport pumping systems. Improvement
in the efficiency of heat radiation to reduce
radiator area and weight requirements must be
made as spacecraft heat loads increase. Since
heat rejection by radiation is not feasible
during the re-entry phase, the need for expenda-
ble heat sink fluids for this mission phase will
continue.

Figure 10 shows estimated weight ranges of both
thermal and atmosphere control systems as related
to the estimated increase in future spacecraft
power requirements shown in Figure 6 and with
anticipated increases in crew size and mission
duration.

It appears that heat pump concepts to raise the
radiation temperature, light weight materials,
and high emissivity/absorptivity coatings will
be required to maimtain low radiator weights for
the higher power missions envisioned for the
next decade. Atmosphere control will require
extremely low vehicle leakage and noxious gas
removal methods as well as reclamation of human
wastes in the longer duration, larger crew
missions. Some increase of expendables will be
required even with atmosphere reclamation pro-
cesses in order to meke up leakage and losses
due to inefficiencies of reclamation systems.

III. WHAT WE HAVE LEARNED

IITI.A. Introduction

The subsystems of the currently programmed manned
space craft have been described. What have we
learned from the flights of Mercury and the de-
velopment work accamplished to date on X-20,
Gemini and Apollo?

Mercury flights have shown that: (1) Worldwide




real time ground conmtrol is workable but un-
wieldy and expensive. (2) Man can be depended
on in Space.

Since man can be depended on within limitations
an operational manned space system with World-
wide flexibility can be achieved at less ex-
pense and camplexity by providing a self-
contained capability so man can make his own
decisions in Space. The X-20 and Gemini designs
are based on this concept.

Reliability deta from the foregoing programs
projected to the Apollo and orbital missions of
similar dquration show that reliability is the
spacecraft designers biggest problem.

As an example of what has been learned the com-
munication studies and tests on the several
programs are described in the following section.

III.B. Re-entry Communications

Near space commvnications is similar to con-
ventional aircraft and missile experience when
the standard line of sight UHF frequencies are
employed. An exception occurs during that part
of re-entry when sufficient energy is trans-
ferred to the air surrounding the vehicle to
cause thermal ionization. This phenomena becomes
extremely pronounced for a period in the order
of a few seconds for ballistic or near ballistic
re-entry and although less pronounced in the

cage of a higher L/D vehicle may last for miites.
Figure 11 illustrates the white hot shock layer
surrounding an X-20 model undergoing test. HNote
the much stronger effect on the lower surface.

Electromagnetic energy propagates through the
plasma surrounding the vehicle when the operating
frequency exceeds the plasma resonant frequency
(fp). Below this frequency attenuation in the
order of 60 db (transmission of only a mill-
ionth of the energy)is experienced. fp is a
function of the electron density and collision
frequency and is defined here by the following
equation:

fp = 8.98 x 103 YFe
Fe = Electrons/cm3

Plane wave analysis, confirmed by a more exact
model for a specific case has shown that the
operating frequency must exceed plasma frequency
by a factor related to the angle of incident

as shown in Figure 12 . To achieve appreciable
propagation at incidence angles of T0® an opera-
ting frequency in the order of four times the
plasme frequency is required.

The plasma frequency for several vehicles Lift
to Drag (L/D) values is shown in Figure 13 as
a function of re-entry velocity. Here, for
gimplicity, equilibrium glide at the noted L/D
is assumed. From the fp values shown and the

angle of incident factors which must be employed
it i1s clear that frequencies in the order of 10,
Kilomegacycles (SHF Band) are required for "glide"
vehicles and frequencies several times this are
required for near ballistic vehicles. Fortunately
the plasma exists for a shorter time for the low
L/D vehicles thereby requiring only one, or at
most a few stations. For vehicles such as the
X-20 the plasma exists for some time requiring
several stations. By choosing a frequency such
as SHF close to the plasma frequency it has been
possible to get sufficient airborne transmitter
pover (50 watts) to permit horizon to horizom
coverage using reasonable antenna gains on the
ground. Higher frequencies would require higher
powers, which are not available, and thus a
greater number of stations at increased cost.

For the near ballistic vehicles the solution is

to use same standard, lower frequency syst
such as UHF and either ignore tg‘e bﬁck%ute?is

in Mercury), employ a frequency higher than fp
at the nex%’atmospheric wg'ndow >~ 35 Kmc/s or

employ an exotic technique to punch a hole in
the plasma as discussed in a laber section.

The antenna voltage breakdown or power handling
capability of an antenna in the presence of a
plasma has been determined from thermally and
radio frequency generated plasmas with results
as shown in Figures 14 and 15 . Note that the
currently available airborne power levels at SHF
are less than the breakdown levels. It is only
when one goes to UHF that the airborne trans-
mitter power must be limited to a few watts.
Although blackout will normally occur before an-
temna voltage breakdown at SHF, this is not
expected at UHF and the UHF power limitations
can be serious.

Coupling between antennas can usually be pre-
vented in the no plasma case by spacing the
antennas far enough apart. Antenna coupling in
the presence of a plasma is less than for free
space for the useable frequencies above fp as
shown in Figure 16 . Plasma noise may be a
problem in some cases where extremely sensitive
receivers are employed but is not expected to be
a limitation on currently proposed UHF and SHF
gystems.

Signal intermodulation can occur when a desired
signal is transmitted tbhru a path illuminated
by & high power (such as pulsed) local trans-
mitting antenna., If amplitude modulation 1is
utilized this may at times present a problem.

If frequency modulation is used as in most tele-
metry links the amplitude intermodulation which
occurs has been shown to produce negligible
effect in the telemetered signal.

To put the several parameters discussed above
into proper perspective a system analysis has
been performed to determine the relation between
the mumber of stations required, vehicle L/D,
operating frequency, available power and signal
levels achievable relative to system threshold.
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Figure 17 illustrates the number of stations
required as a function of vehicle L/D assuming
coverage within 2° of the horizon. Figure 18
summarizes the study showing signal margin in
db above system threshold as a function of| range
to go for several L/D vehicles employing UHF and
SHF frequencies. It can be seen fram this
figure that SHF will be adequate for L/D % one
but a higher frequency and thus more ground sta-
tions per mile of coverage may be required for
the L/D ® 0.5 vehicles. The next atmospheric
vindov 18 at 2% 35 Kmc/s. Because of the
higher speeds, shorter effective ranges and
narrower antenna beams required to get adequate
signal strengths acquisition and tracking
problems are accentuated with 35 Kme/s systems.

It is apparent that UHF should be employed be-
cause of its freedom from acquisition and tracke-
ing difficulties and reduced cost wherever
blackout will not preclude its use or where
blackout may be tolerated.

IV  WEAT NEEDS TO BE DONE ARD
WAYS TO DO IT

IV.A. Introduction

Figure 19 1illustrates the increasing complexity
and longer duration of manned space missions.

The mission subsystems employed on peaceful mis-
sions such as rescue and the military missions
will further increase subsystem complexity.

These future requirements as a function of some
typical missions are shown in Figure 20 .

From examination of these figures the future
trends in manned spacecraft subsystems can be
summarized as follows:

DO AN INCREASINGLY BIGGER JOB FOR LONGER
TIMES AT SAME OR EETTER RELIABILITY FOR
LESS POWER AND AT LESS WEIGHT.

There are a number of techniques which may be
employed to achieve these requirements. Some

of the more universal techniques are illustrated
in Figure 21. Note for example that greater
dependence on the crew and employment of simple
manual backup systems are two effective tech-
niques in that they permit some improvement in
most of the objectives.

The matrix proposed 18 by no means all inclusive
but is offered as an approach vorthy of
consideration.

In an actual subsystem trade study, quantitative
values must be used to provide meaningful trends.

IV.B. Example of a Simple Backup Guidance
Subsystem

A simple backup guidance system has been devised
vhich because of its simplicity is an order of
magnitude more reliable than conventional

inertial systems. The system is capable of
providing re-entry control to a pilet selected
landing site after a number of orbits.

This particular system is suitable for re-entry
vehicles with maximm 1ift to drag ratios in
the order of 0.5 or larger.

Figure 22 ghows the equipment required and the
guidance law for angle of attack {( &g ) which
it generates.

A single stored naminal acceleration program
(Agp) corresponding to & nominal flight trajectory
is programmed versus time, see Figure 23 . The
vehicle normal acceleration (Ay) is measured with
a8 body mounted accelerameter with its sensitive
exis mounted perpendicular to the wing. The
measured normal acceleration is subtracted from
the programmed acceleration and integrated to
generate the commanded angle of attack ( o¢ )
88 shown by the guidance equation. The pilot
flys the vehicle based on this commanded angle
of attack. For brevity, operation of the system
only after it has established equilibrium glide
will be explained. The detailed development,
theory of operation, and six degree of freedom
simulator evaluation of the system is contained
in Reference 1 .

oo

h = «go +

T~ t AL 2 0 eeeeeaa(1)

2
fAy = go - :. (2)

Altitude

Gravitational constant
Radius from center of earth
Lift acceleration

r‘
4,

The 1lift acceleration is the primary reason the
accelerometer system works which also explains
why the system is useful only when vehicle max
L/D 1s in the order of 0.5 or more.

Since the 1ift acceleration (Ar) is uniquely
related to the velocity, velocity can be con-
trolled by controlling Ay (and thus Ap) .

This can be seen qualitatively in Figure 24 .
Consider the case where the velocity of the
vehicle is excessive for the desired trajectory
and corresponding landing eite. If the velocity
is higher than the naminsl then by virtue of
equation (2) A7, 18 less than the programmed
11t (Agp) and hence Ay is less than Axp . This
difference in Ayg will cause the angle of attack
to increase until Ay = Agp . Increased angle
of attack increases the drag which causes the
vehicle to slow down until Ap equals Ayp at which
time @ = "x andA,aleoequals NP -




Total performance of the system for booster cut
off overspeed and underspeed conditions for a
typical one orbit flight are shown in Figure 25.
The generated commands are engaged at a time
corresponding to nominal re-emtry time thus it
is possible to employ the system for multiorbit
use. For several orbit use clock time since
boost has been found to be a sufficient criteria
to start the programmer.

Cross range is controlled by banking to a fixed
angle.

Performance of this system when nominal L/D is
in the order of one is shown in Figure 26 .

The reliability of this 30 pound system con-
sisting of two aktitude gyros, one airframe
mounted accelerometer, an acceleration program-
mer and an integrator is in the order of a
magnitude better than that of a complete inertial
guidance system with a digital computer.

Performance of the system as a function of L/D
18 shown in Figure 27 . As explained above the
system depends on measurement of 1ift accel-
eration vhich explains the reduced performance
for low L/D vehicles.

Multi orbit operation is achieved by the pilot

re-aligning the attitude reference and engaging
the programmer based on time from cut off with

results as shown in Figure 28 .

If tracking data from the ground is employed to
establish de-orbit time and program start, per-
formance becomes independent of the number of
orbits, as shown in Figure 27 .

IV.C. Manual Backup Lunar Landing

An example of increased dependence on man and

employment of simple backup equipment to do
manual landing follows:

A manual backup of the primary automatic lunar
guidance is practical with a minimm amount of
equipment and greater dependence on man parti-
cularly in the lunar de-orbit, braking, hover,
and landing phases. A sufficient set of equip-
ment consists of three body-mounted rate gyros
as part of the rate stabilized control system,
three body-mounted integrating gyros as a
medium-term attitude reference, a low-
magnification telescope body-mounted to permit
horizon scanning, determination of star azimuth
and landing area study before descent fram low
orbit.

With the above equipment, simple charts and nomo-
graphs and a clock to drive function programs
corresponding to nominal descent pitch rate and
thrust acceleration the vehicle can be controlled
down to initiation of the braking maneuver.

The braking maneuver, hover, and landing can be
accomplished by the man controlling attitude
and thrust employing only visual cues.

Figure 29 illustrates a simulator built to
evaluate the manual braking, hover, and landing
phases by man using only visual cues. A TV
pickup tube i1s gimballed and controlled by the
pilot's attitude control to represent vehicle
attitude. Vertical descent is controlled by an
analog computer to represent the descent tra-
Jectory established by manual lunar descent
guidance and 1s modified by the thrust and atti-
tude actions of the pilot. This is represented
by driving the TV pickup down toward the simu-
lated lunar surface which in turn is driven
horizontally to represent vehicle horizontal
velocity over the surface of the moon. Figure 30
shows the display provided to the pilot. The
technique employed to generate these displays is
shown in Figure 31 . A horizon line is establi-
shed by one projector and a star background by
another. Both are coordinated with the pilot's
attitude control so that realism in attitude is
achieved.

To evaluate a particular landing guidance con-
cept the total fuel used, landing impact velocity,
and landing location are recorded for each flight.
Total manual lunar de-orbit and landing fuel
expenditures are in the order of 1.07 times that
required for a crew controlled primary system
employing inertial guidance.

IV.C. Space and Re-entry Communication at UEF

UHF is an ideal frequency for space communications
because it is currently universally employed,

line of sight ranges can be achieved with non-
directional or at worst low gain antennas and
therefore system costs are ncminal.

Advanced techniques show great promise of per-
mitting UHF use during re-entry. For near
ballistic shapes techniques for local cooling
of the plasma surrounding an antenna by means
of evaporative techniques appear feasible.
Adventage can also be taken of the fact that
while the plasma attenuation per wavelength is
large the plasma thickness for vehicles such as
this is small in terms of a wavelength at UHF.

For the higher L/D vehicles in the 0.5 to 2
range although the plasma intensities never reach
the values experienced by the near ballistic
vehicles the air flow is complicated by the much
larger range of angles of attack and the plasma
layer is apt to be thicker. For these vehicles
a survey of locations where electron densities
are lover and the flow can be further cooled by
gas ejection into the flow shows promise.

Further work of this type is recommended.

Considersble effort employing these techniques
is cwrrently being sponsored by NASA.
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V. SUMMARY AND CONCLUSIONS

The growth of requirements placed on manned space=-
craft subsystems with time resulting from de-
mands for doing more for longer duration missions
has been examined, Although the corresponding
veight, volume, and power consumption penalties
associated with these increased requirements
~ould possibly be accepted, the increased mission
requirements place an even higher cost on weight,
volume, and power consumption. For these reasons
the natural trends of increased equipment come
plexity, operating time and the corresponding
growth in welght, volume and energy consumption
which would result in lower mission reliability
need to be reversed.

Same of the techniques described in this paper
which are capable of effecting a reversal in
these trends are maximum utilization of the crew
and improved mission reliability through the best
cambinations of':

Redundancy

In f1ight maintenance

Simple backup subsystems

Turning equipment off when possible
Dependence on ground based systems

Because of the many conflicting interests (for
example the requirement to do more at less weight
and power yet self-contained) the concepts of
greater dependence on the crew, utilizing simple
backup systems and equipment turned off when
possible to save energy appear to be the most
universally applicable techniques.

The purpose of this paper has been to give the
Space Systems engineer an overview of the trends
in manned spacecraft subsystem requirements and
to suggest some of the approaches which need to
be evaluated in designing optimum subsystem
cambinations for the particular missions
contemplated.
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PERFORMANCE
TYPE CAPABILITY VS
PROGRAM  PRIMARY BACKUP USE OF MAN SELF-CONTAINED MISSION TIME "
MERCURY GROUND | PILOT LITTLE LITTLE INDEPENDENT 30 LBS
P FRlE}?EROROCKET ® BACKUP
X-20 INERTIAL PlLorGEEDNCY EXTENSIVE e PRIMARY MODE 5000 x 3000 MI. FOOTPRINT | 260 LBS
EMER
o | "o "0 Ao St
* LANDING
® ERS OPERATION
GEMINI RADIO REDUNDANT EXTENSIVE ® BACKUP MODE UNLIMITED DURATION WITH | 220 LBS
BOOST + | MODES WITH | ® MODE CONTROL FOOTPRINT GROUND BASED SUPPORT
GROUND | PRIMARY © SPACE RE-START REDUCED 450 x 150 M1. FOOTPRINT
UPDATED | EQUIPMENT GREATLY
INERTIAL
RE-ENTRY
APOLLO INTERTIAL | SECOND EXTENSIVE © PRIMARY MODE |  SYSTEM DESIGNED TO 270 LBS
(COMMAND | & GROUND | INERTIAL ® MODE SELECTION COMPLETE MISSION WITH
MODULE) | RADAR MANUAL STADIA-TRIANGULATION mﬂmﬁﬁ EQ:EURES
DSIF | o ABORT CAPABILITY
Figure l.=- Current guidance subsystems.
PROGRAM FUNCTIONS MONITORED QR CONTROLLED BY P1LOT
BOOST INJECTION DEORBIT RE-ENTRY | FLT ATTITUDE
MONITOR
MERCURY] MONITOR MONITOR |(EMERGENCY | BALLISTIC CONTROL
CONTROL)
MONITOR
X-20 (EMERGENCY | CONTROL CONTROL CONTROL CONTROL
CONTROL)
GEMINI MONITOR CONTROL CONTROL CONTROL
EARTH MOON|MOON / EARTH| CONTROL
APOLLO | MONITOR PRIM
CONTROL | CONTROL | BRiMGe: | CONTROL
Figure 2.- Pilot display and control../ )
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Figure 4.~ Energy management display.




AVERAGE POWER - KILOWATTS

TIM
PROGRAM FUNCTION FREQUENCY BANDWIDTH RE-ENTRY BLACKOUT
MERCURY |COMMAND 406-450 MC
TELEMETRY 228,260 MC 70 KC
UHF VOICE 299 MC 300 TO 50K FT{4 MIN 20 SEC
ALTITUDE
HF VOICE 15 MC
X-20 SHF COMMAND/[10.4 GC
VOICE
SHF VOICE/ 13.5 GC 300 KC |DEPENDS ON |5 SEC
TELEMETRY RE-ENTRY
ANGLE
UHF VOICE 395 MC ENTIRE 20 MIN
RE-ENTRY
GEMINI COMMAND 450 MC
TENTATIVE| TELEMETRY 225.1, 70 KC  |350 TO 190K FT| 10 MIN
DATA 259.7 MC
UHF, HF VOICE |296.8,15. MC
APOLLO COMMAND 72,450,
(COMMAND 982 MC
MODULE)
TENTATIVE| TELEMETRY 225-260 MC 70 KC [350 TO 190KFT|{20 MIN
DATA 2.2-2.4 KMC
UHF, VHF 299, 108,
HE'VOICE {15 MC
Figure 5.- Earth orbit and re-entry.
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L ]
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1.0 krﬁ" Seming — (FUEL CELLS)
0.5 |mercury (FUEL CELLS)
0.1 (BATTERIES)
0.05 l l
6l 62 63 64 65 66 67 68 69 70 71 72 73 74
CALENDAR YEAR

Figure 6.~ Power requirements.
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100

POWER IN KILOWATTS

ENVIRONMENTAL CONTROL THERMAL LOAD — KW

P a—

5000
*NUCLEAR
1000 ———NO REQUIREMENTS THERMIONIC
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*CRITICAL DEVELOPMENT RISK

Figure 7.~ Estimated optimum power systems, 1966.

X-20
CONVECTION COOLED ELECTRIC
AND HYDRAULIC LOADS WITH WATER

30 WALL AND CRYOGENIC HYDROGEN
HEAT SINKS
MERCURY
X-20 MINIMUM ONBOARD ELECTRONICS
EMPLOY ING WATER BOILING FOR
20— HEAT REJECTION
L GEMINI
LIQUID COLD-PLATE COOLED
ELECTRONICS EMPLOY ING
SPACE RADIATOR
APOLLO
10 SAME AS GEMIN| |
APOLLO ’
/ MERCURY GEMIN]
0 |
0.1 0.5 1.0 5 10 50 100 T 500 1000
MISSION TIME — HOURS 2 WEEKS

Figure 8.~ Thermal control technique.
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Figure 9.- Methods comparison for manned spacecraft thermal control.
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Figure 10.- Envirommental control systems weight.
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PLASMA LOSS ~ DB

PLASMA LOSS~DB

PLASMA LOSS~DB

SIGNAL PATH  VEHICLE WALL
50 N\ ;?-“-“”
_ _! Fy = OPERATING FREQ.
_ | Fp = PEAK PLASMA RES FREQ.
0 = 60° 8 = PLASMA INCIDENT ANGLE
0 -9 -0%-20°

- 70°

ALTITUDE 2 200, 000 FT
L/ID 02

ALTITUDE = 150, 000 — 200, 000 FT
LID 0—.8

ALTITUDE <150, 000 FT
LID 0—.2

Figure 12.- Plasma attenuation versus plasma incident angle.
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Figure 13.- Plasma frequency for L/D ranges.
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Figure 14, - X-band telemetry antenna power-handling capability.
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Figure 15.- UHF antenna power-handling capability.
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Figure 16.- Antenna coupling in plasma.
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Figure 17.- Re-entry ground stations for L/D, with continuous cuverage assumed.

ASSUMPTIONS — SHF COVERAGE
ITEM SHF UHF = — UHF COVERAGE
TRANSMITTER POWER 50 WATTS | 5 WATTS
GROUND ANTENNA GAIN 51 DB 18 DB
NOISE FIGURE 6 DB 4 DB
BANDWIDTH 500 KC 500 KC
CARRIER-NOISE RATIO 10 DB 10 DB
FREQUENCY Ku BAND | 240 MC
LIFT-DRAG RATIO L5 L5
40F_START RE-ENTRY
a 30 " A A A A A A
e
L A AT A A
11 l i
= o YV Y TY N vy
T || —— L. - S
- RN I THRESHOLD I
o _10 1 11 11 1
n L 1 |
20 N
0

- 11
9000 8000 700 6000 5000 4000 3000 2000 1000 0

GROUND RANGE TO GO~ N.MI.
(a) L/D =1.5

Figure 18.- Communications capability.




SIGNAL MARGIN ~ DB

ITEM SHF UHF
TRANSMITTER POWER _ Po WATTS [5 WATTS]
GROUND ANTENNA GAIN {51 DB |18 DB |
NOISE FIGURE eDB _ |4DB
[BAND WIDTH 500 KC | 500 KC
"CARRIER/NOISE RATIO |10 DB 10 DB
[FREQUENCY Ku BAND [ 240 MC |
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Figure 18.- Continued.
_ASSUMPTIONS
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Figure 18.- Concluded.
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Figure 19.- Mission complexity and duration.

MISSIONS PEACEFUL

ESS(L:J T'F(gr\Dls *FERRY |« RESCUE|+ LUNAR|* PLANETARY g,',ls'gﬂ‘l"o"s
CHOICE OF LANDING SITE X X
ALL WEATHER LANDING X X
SELF-CONTAINED GUIDANCE | X X X X X
LONGER DURATION X X X X X
REDUCED WEIGHT X X X X X
LARGER CREW X X X
o e [ x|
(l:lxcl)%r%/é)sLED ENVIRONMENTAL| ‘ » « .
REENTRY CoMUNICaTions| X | X | X | X X

Figure 20.- Future subsystem requirements.
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